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APOLLO SPACECRAFT FLIGHT HISTORY

Mission Spacecraft Description Launch date Launch site
PA-1 BP-6 First pad abort Nov. 7, 1963 White Sands
‘ Missile Range,
N. Mex.
A-001 BP~12 Transonic abort May 13, 196k White Sands
Missile Range,
K. Mex.

AS-101 BP-13 Nominal launch and May 28, 196k Cape Kennedy,
exit environment Fla.

A3-102 BP-15 Nominal lasunch ané Sept. 18, 1964 Cape Kennedy
exit environment Fla. :

A-002 BP-23 Maximum dynamic Dec. 8, 1964 White Sands
pressure abort Missile Range,

N. Mex.

AS~103 BP-16 Micrometeoroid Feb. 16, 1965 Cape Kennedy,
experiment Fla.

A-003 BP-22 Low-gltitude abort May 19, 1965 White Sands
(planned high- Missile Range,
altitude sbort) N. Mex.

AS-10L BP-26 Micrometeoroid May 25, 1965 Cape Kennedy,
experiment and Fla.
service module
RCS launch
enviromment

PA-2 BP-23A Second pad abort June 29, 1965 White Sands

Missile Range,
N. Mex.

AS-105 BP-9A Micrometeoroid July 30, 1965 Cape Kennedy,
experiment and Fla.
gservice module
RCS launch
environment

A-00k SC-002 Power-on tumbling Jan. 20, 1966 ‘White Sands
boundary ahort : Missile Range,

N. Mex.

AS-201 8¢-009 Supercircular Feb., 26, 1966 Cape Kennedy, ™
entry with high - Fla.
heat rate

AS-202 SC-011 Supercircular Aug. 25, 1966 Cape Kennedy,
entry with high Fla.
heat load
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1.0 SUMMARY

Apocllo 9 was the first manned flight of the lunar module and was
conducted to qualify this portion of the spacecraft for lunar operaticns.
The crew members were James A. McDivitt, Commander; David R. Scott, Com-
mand Module Pilot; and Russell L. Schweikart, Lunar Module Pilot.

The primary objectives of the mission were to evaluate crew opera-
tion of the lunar module and to demonstrate docked vehicle functions in
an earth orbital mission, thereby qualifying the combined spacecraft for
lunar flight. Lunar module operations included a descent engine firing
while docked with the command module, a complete rendezvous and docking
profile, and, with the vehicle unmanned, an ascent engine firing to pro-
pellant depletion. Combined spacecraft functions included command module
docking with the lunar module {after transposition), spacecraft ejection
from the launch vehicle, five service propulsion firings while docked, a
docked descent engine firing, and extravehicular crew operations from both
the lunar and command modules. These primary cbjectives were all satis-
fied.

A1l spacecraft systems operated satisfactorily in performing the
mission as planned. The thermal response of both spacecraft remained
within expected ranges for an earth orbital flight, and consumable usages
were maintained within acceptable limits. Management of the many complex
systems of both spacecraft by the crew was very effective, and communica-
tions quality was generally satisfactory.

The space vehicle was launched from the Kennedy Space Center, Flor-
ida, at 11:00:00 a.m. e.s.t., on March 3, 1969. TFollowing a normal launch
phase, the S-IVB stage inserted the spacecraft into an orbit of 102.3 by
103.9 nautical miles. After the post-insertion checkout was completed,
the command and service modules were separated from the S-IVB, transposed,
and docked with the lunar module. The docked spacecraft were ejected from
the S-IVB at L4:08:06.

One firing of the descent englne and five service propulsion firings
were performed while the spacecraft were in the docked configuration. The
dynamics and stability of the spacecraft during these firings was excel-
lent. Stroking tests (engine gimbaling) were also performed during the
second and third firings to further evaluate the docked vehicle dynamics
and the docking interfaces of the two spacecraft. These tests showed the
dynamics and interfaces to be very satisfactory with responses to the
stroking inputs being lower than predicted.

At approximately 70 hours, the Commander and Lunar Module Pilot en-
tered the lunar module and began preparations for extravehicular activity.
Both spacecraft were depressurized and their respective hatches opened at



approximately 73 hours. The Lunar Module Pilot egressed and evaluated
the handrails, obtained many excellent and valuable engineering photo-
graphs, and retrieved the thermal sample from the exterior of the lunar
module. Also, the Command Module Pilot moved his upper torso outside the
command module side hatch and retrieved three thermal samples from the
exterior of the service module. The extravehicular activity lasted L7-
minutes and was abbreviated from the planned 2-hour 15~minute operation
because of the Inflight illness of the Lunar Mcdule Pilot during the pre-
vious day. The performance of all of the extravehicular mobility unit
systems was excellent throughout the operation.

The two crewmen again transferred to the lunar module at about 89
hours to perform a lunar-module-active rendezvous. The lunar module pri-
mary guidance system was used throughout the rendezvous; however, mirrcr-
image back-up maneuver computations were also made in the command module,
The descent propulsion system was used to perform the phasing and inser-
tion maneuvers, and the ascent engine was used to establish a constant
differential height after the coelliptic sequence had been initiated.

The terminal phase was nominal, and lunar module docking was completed

at approximately 99 hours. The rendezvous and docking were completed satis-
factorily, and propellant usage by the lunar module reaction control sys-
tem was about 30 percent less than predicted. The ascent stasge was jet-
tisoned about 2.5 hours later, and a 362.3-second firing of the ascent en-
gine to oxidizer depletion was performed.

The final 5 days of the mission were spent in completing the photo-
graphy experiment, performing three service propulsion firings, plus per-
forming numercus landmark tracking exercises. The sixth service propul-
sion firing was made to lower the apogee. It was delayed one revolution
because the translation maneuver that was to precede the firing was not
properly configured in the autopilot. After properly configuring the
autecpilot, the firing was successfully completed at about 123.5 hours.
The seventh service propulsion firing was made to raise the apogee, and
the firing time was increased to a nominal 25 seconds to permit an evalu-
ation of the propellant quantity and gaging system, which had exhibited
anomalous behavior during earlier service propulsion firings. A total of
584 frames of film were exposed for the multispectral photography experi-
ment during this pericd.

As a result of unfavorable weather in the planned landing area, the
deorbit maneuver was delayed for one revolution to acccmodate reposition-
ing of the landing point. As determined from the onboard computer solu-
tion, the spacecraft landed within 2.7 nautical miles of the target point
at 241 hours 54 seconds.



2.0 INTRODUCTION

The Apollo 9 mission was the ninth in a series of flights using
specification Apollo hardware and the first manned flight of the lunar
module., This mission was the third manned flight of block II command
and service modules and the second manned flight using a Saturn V launch
vehicle,

Because of the excellent performance of the command and service
modules during the Apolle T and 8 missions, only the command and service
module performance that significantly differed from that of the previous
two missions will be reported. This report concentrates on lunar module
flight results and those activities involving combined vehicle operations.
Numerous systems in both vehicles were involved in the extravehicular ac-
tivity, lunar module rendezvous, and communications, and these subjects
are reported separately in sections 4, 5, and 6, respectively.

A complete analysis of certain flight data is not possible within
the time frame for preparation of this report. Therefore, report supple-
ments will be published for the guidance, navigation, and control system
performance; the biomedical evaluation; the multispectral terrain photog-
graphy; and the trajectory analysis. Other supplements will be published
as necessary. A list of all supplements is contained in Appendix E.

In this report all times are elapsed time from range zero, established
as the integral second before lift-off. Range zero for this mission was
16:00:00 G.m.t., March 3, 1969. Also, all references to mileage distance
are in nautical miles.
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3.0 MISSION DESCRIPTION

The Apollo 9 mission was a 10-day flight to qualify the lunar module
and to demonstrate certain combined spacecraft functions for manned lunar
flight. The primary flight objectives were to verify the ability of the
lunar module and the spacecraft/launch-vehicle adapter to sustain Saturn V
launch loads, to complete docked and undocked propulsion maneuvers, to
perform a lunar-module-active rendezvous with the command module, to dem-
onstrate extravehicular activity from both spacecraft, and to cperate
lunar module systems in earth orbit for periods of time comparable to the
lunar mission profile. To meet these objectives and to operate within
the constraints of necessary crew activity, station coverage, trajectory,
and consumables, the lunar module was evaluated during three separate
periods of manning, which required multiple activation and deactivation
of systems, a situation unique to this mission. The flight plan actually
followed (fig. 3-1) is very close tc that established prior to flight,
and the few deviations from this plan are discussed in the following para-
graphs.

The space vehicle was launched at 11:00:00 a.m. e.s.t., March 3,
1969, and the insertion orbit was 102.3 by 103.9 miles. After post-
insertion checkout, the command and service modules were separated from
the S-IVB, transposed, and docked with the lunar module. At about 4 hours,
an ejection mechanism, used for the first time on this mission, ejected
the docked spacecraft from the S-IVB., After a separation maneuver, the
S-IVB engine was fired twice, with the final maneuver placing the spent
stage into a solar orbit. At about 6 hours, the first docked service pro-
pulsion maneuver was performed and lasted 5 seconds.

Crew activity on the second day was devoted to systems checks and
three docked service propulsion maneuvers, made at approximately 22, 25,
and 28.5 hours. The firing durations for these maneuvers were 110, 280,
28 seconds, respectively.

On the third day, the Commander and Lunar Module Pilot initially
entered the lunar module to activate and check out the systems and to
perform the docked descent engine firing. This maneuver was conducted
at 50 hours and lasted 372 seconds, Both digital-autopilot attitude con-
trol and manual throttling cof the descent engine to full thrust were dem-
onstrated. After the two crewmen returned to the command module, prepa-—
rations were made for the fifth docked service propulsion maneuver,
conducted at approximately SL.5 hours to circularize the orbit for the
lunar-module active rendezvous.

The fourth day of activity was highlighted by a two-vehicle extra-
vehicular operation, which was abbreviated from the flight plan because
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of a minor inflight illness previously experienced by the Lunar Module
Pilot and because of the many activities required for rendezvous prepa-
ration. The Lunar Module Pilot, wearing the extravehicular mcbility unit,
egressed the depressurized lunar module at approximately T3 hours and re-
mained in the vicinity of the forward platform for about 47 minutes. Dur-
ing this same time, the Command Module Pilot, dependent on spacecraft life
support, partislly exited through the command module hatch for observation,
photography, and retrieval of thermal samples. The Lunar Module Pilot
also retrieved thermal samples from the spacecraft exterior. Although the
planned transfer from the lunar module to the command module was not con-—
ducted because of the abbreviated operation, an evaluation of the lunar
module handrails that would have been used was conducted.

On the fifth day, the lunar module rendezvous operation was performed,
beginning with undocking at approximately 92.5 hours. After a small serv-
ice module reaction-contreol-system separation maneuver for initial separa-
tion and system verification, the descent propulsion system was used to
perform a phasing maneuver. At about 95.5 hours, after a proximity pass
with the command and service modules, the descent engine was again used to
perform the insertion maneuver and to provide the planned separation dis-
tance of 75 miles required for rendezvous initiation. After the lunar
module was staged, the reaction control system was used to effect the co-
elliptic sequence initiation, which positioned the lunar module 10 miles
below and 82 miles behind the command module. The ascent engine was then
used for the first time and performed a constant-delta-height maneuver.
The terminal phase began at about 98 hours with a reaction control system
maneuver to provide final closing. Final braking maneuvers were performed
as scheduled to bring the two vehicles to within 100 feet, and station-
keeping was instituted toc permit photography from both spacecraft. The
spacecraft docked at approximately 99 hours, the crew transferred to the
command module and the ascent stage was Jjettisoned about 3 heours later.
The ascent engine was then fired to oxidizer depletion, as planned, and
the 362.4-second maneuver placed the ascent stage in a 3760.9- by 126.6-
mile orbit.

During the sixth day, the sixth service propulsion maneuver, which
was intended to lower the perigee, was postponed for one revolution be-
cause the reaction-control translation required prior to ignition for
propellant settling was improperly programmed. The maneuver was per-
formed successfully at approximately 123.5 hours.

In the final 4 days, a series of landmark tracking exercises and
a multispectral photography experiment were performed. The duration of
the seventh service propulsion maneuver, performed at about 169.5 hours,
was increased to 25 seconds to permit a test of the propellant gaging
system. The eighth service propulsion maneuver (deorbit) was performed
at 24L0.5 hours, one revolution later than planned because of unfavorable
weather in the planned recovery area. Following a normal entry profile
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using the primary guidance system, the command module landed close to the
target point in the Atlantic Ocean at 241:00:54, The parachutes were re-
leased after landing, and the spacecraft remained in the stable I (upright)
attitude. The crew were recovered by helicopter and taken to the primary
recovery ship.
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TABLE 3-I.- SEQUENCE OF EVENTS

Event

Time,
hr:min:sec

Launch Phase

Range zero (16:00:00 G.m.t.)

Lift-off 0:00:00.7
Maximum dynamic pressure 0:01:25.5
5-IC inboard engine cutoff 0:02:14.3
8-IC outboard engine cutoff 0D:02:42.8
S-IC/S-II separation 0:02:43.5
S-1I engine ignition commanded 0:02:4k4.2
Interstage Jjettison 0:03:13.5
Launch escape tower jettison 0:03:18.3
S-II engine cutoff 0:08:56.2
§-I1/5-1IVB separation 0:08:57.2
S-IVB engine ignition 0:09:00.8
S-IVB engine cutoff 0:11:04L.7
Orbital Phase

Orbital insertion 0:11:1k.7
Command and service module/S-IVE separation command 2:41:16

Docking 3:01:59.3
Spacecraft ejection from S-IVB 4:08:06

First service propulsion maneuver 5:59:01.1
Second service propulsion maneuver 22:12:04.1
Third service propulsion maneuver 25:17:39.3
Fourth service propulsion maneuver 28:2h:41. 4
First descent propulsion maneuver 49:41:34.5
Fifth service propulsion maneuver 54:26:12.3
Lunar module hatch open for extravehicular activity T2:53:00

Lunar mcdule hatch closed after extravehicular activity 73:49:00




TABLE 3-I.- SEQUENCE OF EVENTS - Concluded

Bvent

Time,
hr:min:sec

Orbital Phase - concluded

First undocking 92:39:36
Command and service module/lunar module separation 93:02:5L
Descent propulsion phasing maneuver 93:47:35.4
Descent propulsion insertion maneuver G5:39:08.1
Coelliptic sequence initiation maneuver 96:16:06.5
Constant delta height maneuver {(first ascent propulsion) 96:58:15
Terminal phase initiation 97:57:59
Docking §99:02:26
Lunar module jJettiscn 101:22:45
Ascent propulsion firing to depletion 101:53:15.4
Sixth service propulsion maneuver 123:25:07
Seventh service propulsion maneuver 169:39:00.4
Eighth service propulsion maneuver (deorbit) 240:31:14.9
Entry Phase
Command module/service module separation 2h0:36:03.8
Entry interface (400 000 feet altitude) 2h0:Lh:10.2
Begin blackout 240 :47:01
End blackout 240:50:43
Drogue deployment 240 :55:07.8
Main parachute deployment 2L0:55:59.0
Landing 241 :00:54
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4.0 EXTRAVEHICULAR ACTIVITY

The planned use of two vehicles for the lunar landing mission re-
quires develcpment of hardware and procedures for extravehicular trans-
fer from the lunar module to the command module in the event the transfer
tunnel becomes unusable. Demonstration of this capability was at one time
an Apollo 9 objective, and since the hardware was the same as that for
lunar surface exploration, evaluation of its operation was included in
the transfer demonstration.

The planned extravehicular operation provided the opportunity to
suppert other developmental objectives, such as photeographing the ex-
terior of both vehicles and retrieval of thermal samples. It was orig-
inally intended that the Lunar Module Pilot egress from the lunar module,
transfer to the open hatch in the command module, then return to the
lunar module. However, the plan was abbreviated because of a minor in-
flight illness experienced by the Lunar Module Pilot on the day preced-
ing the extravehicular operation as well as concern for the crowded time-
line required for rendezvous the following day.

As a result of the extravehicular activity performed during the
Apollo 9 mission, the extravehicular transfer capability was demonstrated
and is considered satisfactory for future missions. Further, successful
operational experience with the procedures and equipment has provided
additional confidence in the capability toc perform successful lunar sur-
face operations. The guidelines for planning and conduct of extravehicu-
lar activity as defined in the "Summary of Gemini Extravehicular Activity,"
NASA SP-149, continue to be valid.

4.1 TFLIGHT PLAN

The plan called for the Lunar Module Pilot to egress, mount the 16~-mm
camera on the lunar module forward platform, transfer to and partially in-
gress the command module, retrieve thermal samples, transfer back to the
Junar module, evaluate lighting aids during a dark side pass, obtain 70-mm
still photography from the platform area, provide television transmission
from the platform area, retrieve lunar module thermal sample, and ingress
the lunar module. The entire operation was planned for 2 hours 15 minutes
outside the spacecraft.

The vehicle attitude during extravehicular activity was constrained
primarily by the limitation that no direct sclar illumination could im-
pinge on the command module interior through the open hatch. The lunar
module had a less stringent thermal requirement in that the forward hatch
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could remain open up to 45 degrees for any sun position for the entire
activity. The plan was to start with the command module minus Z axis
pointed at the sun, pitch down 15 degrees, and roll left 80 degrees.
This attitude would satisfy the command module thermal constraint and
provide good lighting for command module photography.

4.2 ACTUAL TIMELINE

The Lunar Module Pilot donned and checked the extravehicular mobility
unit, depressurized the lunar module, and began his egress to the forward
platform at 72:59:02. Egress was completed at 73:07:00., The command
module was depressurized and the side hatch opened at T73:02:00.

During the first 20 minutes, the Lunar Module Pilot and Command
Module Pilot photographed each other's activities. The Command Module
Pilot discovered the thermal sample was missing from the side of the
command module, but at 73:26:00 he retrieved the service module thermal
samples. The Lunar Module Pilot retrieved the lunar module thermal
sample at 73:39:00, and 3 minutes later, began an abbreviated evaluation
of translation and body-attitude-control capability using the extrave-
hicular transfer handrails.

The Lunar Module Pilot began his ingress at T73:45:00 and completed
it at 73:46:03. The command module hatch was closed and locked at
73:49:00, and the lunar module hatch was locked a minute later. Both
vehicles were repressurized, and the two crewmen in the lunar module re-
turned to the command module.

4,3 FLIGHT CREW ACTIVITIES

4.3.1 Preflight Preparation

There are specific advantages to each of the three types of crew
training. These types of training are: one-g mockup training, Zero-
gravity training, and altitude chamber training.

The one-g mockups are high fidelity representations of the flight
vehicles without operational subsystems. One-g mockup training enables
a detailed review of procedures and equipment interfaces with emphasis
on the operations during the preparation and post-extravehicular activity
periods. One~g mockup training accomplished was: Commander, U4 exer-
cises, 15 hours:; Command Module Pilot, 7 exercises, 18.5 hours; Lunar
Mcdule Pilot, T exercises, 19.5 hours.
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Zero-gravity training was conducted in the Water Immersion Facility
and in the zero-gravity aircraft. Neutral buoyancy simulations in the
Water Immersion Facility training were used for total extravehicular ac-
tivity timeline evaluations. The Water Immersion Facility training ac-
complished was: Commander, 5 exercises, 5 hours; Command Module Pilot,
1 exercise, 1 hour; Lunar Module Pilot, 11 exercises, 12.5 hours.

Further refinement of specific tasks was accomplished in the true
zero-gravity field provided by the zero-gravity aircraft. The training
accomplished was: Commander, 59 parabolas; Command Module Pilot, 27 par-
abolas; Lunar Module Pilot, 71 parabolas. Each parabola provided about
30 seconds of zero-gravity.

Altitude chamber familiarization included testing of the portable
life support system and the oxygen purge system with the Lunar Module
Pilot and of the oxygen purge system with the Cormander, as well as
testing of the intravehicular pressure garment assembly with the Command
Module Pilot. Testing for the Lunar Module Pilet and Command Module
Pilot included one run each at thermal vacuum ccnditions. The testing
for the Commander and for two additional Lunar Module Filot chamber runs
were conducted in an 8-foot altitude chamber., The Lunar Module Pilot
spent a total of 9 hours, the Commander 2 hours, and the Command Module
Pilot 1 hour training in the altitude chamber., First-time flight usage
of equipment required additional chamber test time on the part of the
Lunar Module Pilot and the Commander.

Additional information on the extravehicular mobility unit was
obtained from formal briefings and informal discussions, the Apollo Oper-
ations Handbock, and briefings in support of altitude-chamber testing.

I,3.2 Procedures

The nominal extravehicular activity plan called for the Lunar Module
Pilot to spend 2 hours 15 minutes cutside the spacecraft during the fourth
mission day. However, the minor sickness experienced by this pilot on
the third day required a revised extravehicular activity plan that would
accomplish only those items that had the greatest priority: donning and
checkout of the extravehicular mobility units, cabin depressurization
and hatch opening for both the command module and the lunar module. While
the command module side hatch was open, the Command Module Pilot was to
retrieve the thermal samples from the command module. The Lunar Module
Pilot was not to egress but was to remain connected to the lunar module
support hoses even though using the portable life support system. The
condition of the Lunar Module Pilot Jjust prior to extravehicular activity
was sufficiently improved to permit further modification of the plan to
more nearly approach the preflight plan (fig. 4-1). Returning entirely
to the preflight timeline was considered in view of the pilot's improved
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condition, but was rejected in favor of terminating the activity at the
end of one daylight pass to provide adequate preparation time for the
next day's rendezvous activities.

After the Lunar Module Pilot donned the portable life support system
and oxygen purge system and connected the extravehicular lifeline to the
Junar module cabin interior, he egressed and moved to the foot restraints
(fig. 4-2) on the forward platform. While restrained, he retrieved the
lunar module thermal sample and performed 16-mm and 70-mm photography
of the Command Module Pilot's activities and the exterior of both space-
craft.

The initial extravehicular activities by the Lunar Module Pilot were
recorded by the Command Module Pilot on both 16-mm and TO0-mm film (see
figure 4-3). The Command Module Pilot retrieved thermal samples from the
service module but the command module sample was missing. The Command
Mecdule Pilot's life support came from the spacecraft environmental control
system hoses, which also served as his restraint during partial egress
to retrieve the samples (fig. b4-4). The Command Module Pilot was wearing
an intravehicular suit with minimal thermal insulation; however, he had
participated in a thermal vacuum test of this suit and was familiar with
its reaction to the space enviromment. The upper part of his boedy, down
to slightly sbove his waist, was exposed to the extravehicular enviren-
ment for about TO percent of the hatch-open time, and he experienced no
thermal extremes.

The Lunar Module Pilot conducted an evaluation of the extravehicular
transfer handrails by translating along the lunar module rail to the point
where the rail turned and crossed the top surface of the lunar module
(fig. 4=5). Translation capability and tody attitude control were both
evaluated as excellent. After the handrail evaluation, the Lunar Module
Pilot returned to the forward hatch and ingressed the lunar module. The
hatches of both spacecraft were closed and the spacecraft were repressur-
ized. The post-extravehicular activity procedures were conducted accord-
ing to plan.

Both oxygen purge systems were checked at the start of each day of
lunar module activity. A check of the Commander's oxygen purge system
heater showed it to be intermittent on the day of extravehicular activ-
ity, and the unit was not operable on the rendezvous day. A discussion
of this failure is contained in seection 17.
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Lh,3.3 Crew Performance

The modified extravehicular plan accomplished all the principal
extravehicular test objectives; however, extravehicular transfer between
the two spacecraft and variocus communications checks were not performed.
No problems were encountered in performing any of the planned tasks.

Bedy control by the extravehicular crewman was excellent in the foot
restraints and on the handrail., All translations, lunar module egress
and ingress, and stability evaluation were performed satisfactorily with
g minimum of effort. Inflight capabilities were found to be similar to
that experienced during reduced gravity training. The primary difference
was that some tasks were easier to perform inflight. These differences
are attributed to the external perturbing forces ococcasionally experienced
in the Water Immersion Facility and zerc—-gravity aircraft. Data from the
extravehicular mobility unit show a very low metabolic expenditure during
extravehicular activity. The extravehicular crewman's heart rate ranged
from 66 to 88 beats/minute during the period outside the spacecraft., The
spacecraft and crew performance during extravehicular activity was suf-
ficiently good that the crew stated that extravehicular transfer from one
spacecraft to the other would pose no problem.

4.4  EXTRAVEHICULAR MOBILITY UNIT

The extravehicular mobility unit used for Apollo 9 is described in
Appendix A. The performance of the extravehicular mobility unit was nom-
inal, and most telemetry data closely parallelled that obtained during
crew training. The extravehicular mobility unit could not be evaluated
under design heat loads and work-rate conditions because of time limita-
tions on the extravehicular activity. Both the Lunar Module Pilot and
the Command Module Pilot reported they were comfortable and experienced
no visual problems with the extravehicular visor assembly. The Command
Module Pilot wore one extravehicular glove and one intravehicular glove.
The hand with the intravehicular glove became warm but was not uncomfort-
able. After the extravehicular activity, the portable life support system
was successfully recharged with oxygen and water for possible contingency
reuse,

There were three minor discrepancies in the operation of the extra-
vehicular mobility unit. As indicated in figure 4-6, the liquid cooling
garment inlet temperature did not reach eqguilibrium. Equilibrium of the
inlet temperature was reached during ground tests under similar work-
load conditions. Several conditions, either separately or combined,
could have caused this deficiency. The extravehicular activity was per-
formed at a low metabolic rate; therefore, the portable life support
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system was operating with the diverter wvalve set in the minimum-cool
position at the low end of the performance range. In this idling state,
system performance was difficult to evaluate and normal telemetry inac-
curacies preclude detection of small performance shifts. The Lunar Mod-
ule Pilot had donned the liquid cooling garment on the third day and left
it on for the extravehicular activity on the fourth day.

The crewman stated that the liquid cocling garment kept him cool
and operated satisfactorily at all times during extravehicular activity,
however, the garment was saturated with air after it was used. The cool-
ing garment differential temperature indicated that performance of the
sublimator was degraded. This is attributed tc the entrapped air in the
system. Previous tests indicate that air would pocket in the sublimator
when the diverter valve is in the minimum position which restricts the
" liquid flow through the sublimator.

If the extravehicular activity had been accomplished as plannegd,
it was anticipated that the diverter valve would be in minimum position
at startup and would be moved to intermediaste and then cycled to either
minimum or maximum depending upon the crewman comfort. However, because
the Lunar Module Pilot did work at a very low rate for the complete time,
the minimum position would be expected.

The second problem concerned the portable life support system feed-
water pressure transducer which normally indicates sublimator startup by
a tone to the crewman and sublimator performance through telemetry. The
transducer indicated a 17-percent downward shift on the third day, but
on the fourth day Jjust prior to extravehicular activity, the level had
risen to a downward shift of only 8 percent. Data during the extrave-
hicular activity, however, were normal, and no shift was evidenced.

The third discrepancy was an indicated failure of one of the two
heater circuits in the oxygen purge system dwring checkout on the fifth
day. It had been intermittent during checkout on the fourth day. The
problem most likely resulted from a failed-open power switch which was
cam-cperated and controlled by an actuatcr and cable mechanism on the
crewman's chest. See section 17 for further details.

A plot of performance parameters for the portable life support system
is shown in figure 4-6. The oxygen supply pressure decreased from 960 to
approximately 830 psia during system operation, indicating a usage of
about 0.2 pound. A rate of 900 to 1000 Btu/hr was originally predicted
for the extravehicular activity; however, the readjusted plan did not re-
quire the crewman to be as active as originally planned. During the L7-
minute extravehicular activity, the Lunar Module Pilot produced approxi-
mately 500 Btu which indicates a rate of about 600 Btu/hr. This determin-—
ation was based on heart rate, oxygen consumption, and liquid cooling
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garment thermodynamics. Based on a postflight analysis of the lithium
hydroxide element, a total of 90.6 grams of carbon dioxide, corresponding
to 1170 Btu, were produced during the 28-minute preparation time for ex-
travehicular activity, the 47 minutes of extravehicular activity, and the
34-minute period after extravehicular activity when returning to the nor-
mal spacecraft oxygen environment. However, the 1170-Btu determination
could have been compromised to some degree because the lithium hydroxide
container was not sealed for the postflight return to the Manned Space-
craft Center. Figure 4-7 shows inflight oxygen usage compared with pre-
flight predictiomns.

4.5 SPACECRAFT INTERFACES

The extravehicular transfer subsystem consisted of a series of hand-
rails leading from the lunar module forward hatch to the command module
side hatch., Lighting was provided by a deployable extravehicular pole
lamp at the vehicle interface, the service module docking spotlight, and
radioluminescent discs imbedded in the handrails (fig. L-2). The lunar
module handrail was rigid and continuous from near the forward hatch to
near the docking interface. The command module handrails were rigid but
discontinucus because of constraints imposed by vehicle structure. All
handrails and lighting aids were adequate for the extravehicular activity.
Photographs taken during flight verified proper deployment of the extra-
vehicular pcle lamp and the uppermost handrail on the command module;
both were spring-lcocaded to deploy at escape tower jettison.

The crew reported that when the lunar module forward hatch was
opened for extravehicular activity, it tended to bind on top and had to
be pushed downward to be opened. Additionally, the forward hatch had a
tendency to close during extravehicular activity, and the hatch friction
device had no noticeable effect. ©See section 17 for a discussion of
the hatch problems. A slight delay between closing and locking the for-
ward hatch occurred when the Commander had difficulty in getting into
position to operate the handle, Closing and locking of the command mod-
ule side hatch took only 23 seconds, and this hatch operated without in-
cident. Communications were excellent between the ccommand module/lunar
module/extravehicular crewmen and the network during most of the extra-
vehicular activity. The communication configuration used was command
module cne-way relay with the portable life support system mode-select
in positon 1.

A preflight analysis indicated that with the portable life support
system operating inside the lunar module cabin, relay of the portable
life support system data to the Manned Space Flight Network through the
command module might not be possible. During the flight, however, excel-
lent data and voice were received at the Manned Space Flight Network
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when the portable life support system antenna was erected inside the

lunar module and also between the command module and lunar module during
the extravehicular activity. Therefore, it was shown that radio frequency
radiation leakage from the closed lunar module cabin to the closed com-
mand module cabin is sufficient to establish a good communication link.

A ground test of a lunar module test article (LTA-8) and the portable
life support system in the anechole chamber demonstrated that during ex-
travehicular activity, the Lunar Module Pilot's electrocardiograph data
would be degraded if the Lunar Module Pilot was within L4 feet of the
antenna when the development flight instrumentation B-transmitter was
operating. Examination of the flight data shows that the transmitter
was on but did not degrade the electrocardiogram. The reason for the
lack of interference is unknown. However, on future flights no develop-
ment flight instrumentation will be installed.

The extravehicular lifeline secured the crewman to the lunar module
at all times. The vehicle end of the lifeline was attached to the min-
us Y cverhead attach point and the crewman end to the lunar module left
restraint attach point on the pressure garment assembly. The lifeline
was fabricated of Polybenzimidozole webbing l-inch wide and 1/16-inch
thick (fig. 4-8). Three hooks were provided, one permanently attached
at each end and one positionable to any point along the 25-foot length
of the tether for transfer of cameras and thermal samples. Fach hoock
was provided with a locking-type keeper, which a crewman in a pressurized
suit could easily operate. The entire assembly was designed for an ulti-
mate tensile strength of 600 pounds and was packed in a Teflon-coated
beta cloth bag that provided for orderly management of the webbing as the
lifeline was deployed for use,

The thermal sample tether (fig. 4-9) was fabricated from the same
material as the lifeline assembly. Two hooks were provided, one perma-
nently attached to the end of the webbing and the other adjustable to any
point along the lh-foot length of the tether. One hook was identical in
design to the nonadjustable lifeline hook, and the other was a basic
waist tether hook. The assembly was packed in a Teflon-ccated beta cloth
bag which acted as a container while the assembly was stowed and provided
a means of managing the webbing during deployment and use. This tether
could also have been used as an aid in closing the command module side
hatch, if necessary.
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Figure 4-3.- Lunar Module Pilot on forward platform.
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Figure 4-4.- Command Module Pilot retrieving thermal samples.
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Figure 4-5.- Lunar Module Pilot evaluating handrails.
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Figure 4-8.- Extravehicular lifeline.
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5.0 RENDEZVOUS AND DOCKING OPERATICNS

All aspects of the rendezvous and docking operations have been evalu-
ated and are discussed in detail in this section.

The rendezvous operation planned for Apcllo 9 was to verify lunar
module hardware, software, and procedures in earth orbit as preliminary
qualification for operaticns in lunar orbit. The rendezvous flight plan
consisted of a series cof translational maneuvers that progressively in-
creased the separation distance between the command and service modules
and the lunar module through several decision points and culminated in
execution of the coelliptic flight plan. The orbit prior to undocking
was intended to be 130 miles circular, but was actually 122 by 127 miles.
This variation presented no problems for either systems or procedures;
however, an adjustment in the bias time for the terminal phase initiation
time from 3 minutes to 4 minutes was made before starting the rendezvous.
Computer solution times used in this section are based on Real Time Con-
puter Complex time, which was 1.07 seconds earlier than range zero.

Flight plans and procedures generated prior to the mission were fol-
lowed closely by the crew throughout the rendezvcus. Overall missicn
planning, procedures development, and crew training for the Apollo 9 mis-
sion resulted in a well integrated flight plan that was executed profic-
iently by the crew and ground support teams. The implications of all
decisions required during the mission had been thoroughly considered
prior to flight, resulting in a definite set of guidelines for priority
of solutions to be used for each maneuver. The guidance and navigation
systems performed as planned, and all first priority maneuver solutions
were used.

Apollo rendezvous plans have evolved from principles and experience
gained during the Gemini Program, in which 10 rendezvous operations were
performed to investigate effects of mission variasbles and to develcp
ground and conboard procedures (see references 1 and 2). Although Apcllo
systems and mission profiles differ from those of Gemini, the concepts
of coelliptical approach to the terminal phase, terminal phase maneuver
logic, and manual backup procedures are all applicable. The primary dif-
ference between the Gemini and Apcllo rendezvous pians is in the maneuver
logic prior to the terminal phase (see figure 5-1). GCemini used a two-
impulse maneuver seguence to reach a fixed point, whereas Apcllc uses a
horizontal phasing maneuver followed by a coelliptical maneuver prior to
the terminal phase. These maneuvers could not be computed by Gemini on-
board equipment as they are in Apollo.
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5.1 MISSION PLANNING ASPECTS

The major requirements imposed on the rendezvous flight plan were
as follows:

(a) After undocking, the command and service modules were to be in-
serted into a small (maximum range 2.8 miles} equiperiod orbit similar
to that planned for the lunar landing prior to descent orbit insertiom.

(b) One-half orbit after initiation of the small equiperiod orbit,
a descent engine insertion maneuver was to be made to place the lunar
module into a larger equiperiod orbit. A return to the command module
was possible from this orbit by a terminal phase initiation maneuver with
an equivalent differential altitude of 10 miles.

(c) Sufficient network tracking was required prior to each maneuver
to permit a ground solution to be computed and sent to the crew.

(d) Use of coelliptic flight plan maneuver logic was required for
the lunar-module-active rendezvous. The coelliptic flight plan is de-
fined as a series of four basic maneuvers: coelliptic sequence initia-
tion, constant differential height, terminal phase initiation, and term-
inal phase final. The coelliptic sequence initiation maneuver is con-
strained to be horizontal at a fixed time so as to arrive at a desired
line-of-sight elevation angle at a preselected time. The constant dif-
ferential height maneuver for Apollc 9 was planned to coccur at the first
apsidal crossing after coelliptic seguence initiation. Terminal phase
initiation is targeted to occur at a fixed line-of-sight elevation angle,
which was 27.5 degrees for Apollo 9. The terminal phase initiation ma~
neuver was planned to occur 25 minutes prior to sunrise to meet lighting
constraints (reference 3). The terminal phase final maneuver is the im-
pulsive braking at the intercept point located 130 degrees of target-orbit
travel after initiation of the terminal phase.

It was intended that the Apollc 9 rendezvous verify in earth orbit
many of the maneuvers, computer programs, control modes, and procedures
planned for lunar missions.. The sequence of events for the coelliptic
flight plan in earth and lunar orbits are quite similar, as shown in
table 5-I and figure 5-2, which compare the Apollo 9 trajectories and
events with a lunar profile.

The mission planning rationale for each of the major Apollo 9 ren-
dezvous maneuvers between undocking and final braking is summarized in
the following paragraphs.
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5.1.1 Initial Separation

The initial separation of the vehicles was to be achieved by a
5-ft/sec impulse directed radially downward using the service module re-
action control system. This maneuver provided additional time for align-
ment of the inertial measuring units in both vehicles and for systems
checks without requiring the crewmen to devote their attention to forma-
tion flying. The separation distance chosen was large enough to permit
adequate verification of rendezvcous radar operation but small enough to
permit return to the command module, if required, without additicnal
guidance information. A decision point was established before committing
to the larger separation distance inherent in the phasing orbit.

5.1.2 Phasing Orbit

The purpose of the phasing orbit was to produce a vertical separa-
tion distance from which either the full coelliptic flight plan or a safe
return to the command mcdule could be made following checkout of the de-
scent propulsion system, abort guidance system contrcl, and rendezvous
navigation. The phasing maneuver was to be targeted from the ground and
rerformed radially upward to produce an equiperiod orbit from which either
the insertion maneuver or a terminal phase abort maneuver could be made.

5.1.3 Insertion Maneuver

The insertion maneuver was designed to produce a coelliptical orbit
with the lunar module above and going away from the command module. It
was to be computed on the ground to provide sufficient separation dis-
tance for execution of the coelliptie flight plan. Following the inser-
tion maneuver, no further decision points were defined, since the easiest
return was to complete the primary mission.

5.1.4 Coelliptic Sequence Initistion

The coelliptic sequence initlation maneuver is computed both onboard
the lunar module using stored navigation state vectors and by the ground.
The maneuver logic is to determine the horizontal velocity increment re-
quired at a preselected time to bring the lunar module at the desired
conditions for transfer to an intercept trajectory.
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5.1.5 Constant Differential Height Maneuver

The constant differential height maneuver is computed by the lunar
module and by the ground. The maneuver logic is 1o determine the hori-
zontal and vertical velocity increments required to make the orbits co-
elliptic at the first apsidal crossing after coelliptic seguence initia-
tion.

This maneuver aligns the semi-major axes of the orbits and equalizes
the differential altitudes at perigee and apogee. The nominal value of
the differential altitude for Apollo 9 was selected to be 10 miles.

5.1.6 Terminal Phase

The terminal phase is defined as the period between the terminal
phase initiation maneuver and final braking. The terminal phase initia-
tion maneuver is the first point in the coelliptiec flight plan that at~
tempts to place the lunar module on an intercept trajectory. Although
the coelliptic sequence initiation maneuver is targeted to provide a
line-of-sight elevation angle to the command module of 27.5 degrees at
a preselected time, trajectory dispersions and uncertainties will cause
shifts in the time of arrival. The onboard programs provide the capa-
bility to initiate the terminal phase on either time or elevation angle.
However, the elevation angle cption is selected so as to more nearly
standardize the time histories of range, closing velocity, and line-of-
sight angular drift during the terminal phase. The maneuver logic com-
putes the incremental veloeity required to intercept the target in a
specified length (130 degrees) of orbital travel.

Midcourse corrections are planned following navigation updating of
onboard state vectors. These corrections are included to remove trajec-
tory dispersions and guarantee a fixed arrival time of intercept.

5.2 TRAJECTORY DETERMINATION

Several hours prior to undocking for rendezvous, a maneuver plan
was generated based on the actual orbit to meet the required lighting
conditions at terminal phase. The lighting constraint on the terminal
phase initiation maneuver was that it should occur 25 minutes prior to
sunrise. In the preflight operational trajectory (reference 4), this
point occurred at 97:59:53, but in real time occurred at 97:56:23, Hence,
the timeline was advanced by about 3 minutes and maneuvers were retargeted
to place terminal phase initiation in the correct position.
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Along with the planning for a nominal rendezvous, the abort and
rescue procedures were verified, the rendezvous mgneuver biases were
recomputed, and a simulation of the onboard computation of the coellip-
tic flight plan was performed. As a result, the onboard terminal phase
initiation bias time was changed from 3 to Y4 minutes.

Table 5-II shows the maneuvers for the nominal plan, as well as the
ground, onboard, actual, and best-estimated trajectory solutions. Fig-
ure 5-3 shows the relative motion between the lunar module and command
module. Figure 5-4% shows the ground track during the rendezvous.

At 93:02:54, the first maneuver of the rendezvous profile was ex-
ecuted with the service module reaction control system so that 45 min-
utes later the lunar module would be trailing the command module by
2.8 miles. However, the best estimated trajectory shows this trailing
distance was only 2 miles, indicating that some small dispersions were
acquired either during station-keeping or as a result of the separation
maneuver.

The first lunar module rendezvous maneuver was executed at 93:47:35
with the descent propulsion system under abort guidance control. This
maneuver placed the lunar module in a near equiperiod orbit with apcgee
and perigee altitudes approximately 12.2 miles above and below that of
the command and service modules orbit. The phasing maneuver was ground
computed prior to the rendezvous.

The next maneuver was not applied, since it was to be used only in
case of a contingency requiring a lunar module abort. The computation
of this maneuver, however, provided verification of the trajectory and
the performance of the cnboard guldance system. The rendezvous was de-
signed so that an elevation angle of 27.5 degrees existed between the
lunar module and command module at the time of abort (94:57:53) in the
phasing orbit. The lunar module computer solution showed an elevation
angle of 28.85 degrees compared with the ground solution of 29.9 degrees.
This difference, as well as the differences between the velocity compo-
nents of this maneuver (table 5-I1), were well within premission toler-
ances, indicating the systems were performing as expected.

The third rendezvous maneuver was executed at 95:39:08 and resulted
in a lunar module orbit of 138.9 by 133.9 miles. The maneuver was exe-
cuted with the descent propulsion system under primary guidance control
and from all indications was nearly perfect. This insertion maneuver
established coelliptic orbits providing a height differential of about
12.2 miles.

Following insertion, the coelliptic flight plan was computed both
onboard and by the ground. At this time, some doubt existed as to the
correct apsidal crossing number to use for onboard execution because of
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a misread display on the ground. The sclution computed onboard using the
first apsidal crossing provided the correct maneuver values, whereas the
solution for the second crossing recommended by the ground required a
rendezvous from above with a height differential of sbout 12 miles, in-
stead of the nominal 10 miles below the target. The crew elected to use
the first apsidal solution, in accordance with the flight plan, and fig-
ure 5-5 shows the relative motion for both of these solutions. See sec-
tion 5.3.1 for further discussion.

Table 5-I1 indicates the differences in the predicted time of the
constant differential height maneuver between the ground, onboard, and
best estimated trajectory. Because of a tolerance constraint on eccentri-
city, the ground procedures were to compute a solution for this maneuver
prior to coelliptic sequence initiation based on a time corresponding
to a positon 180 degrees after coelliptic sequence initiation. The on-
beard solution and the best estimated trajectory are based upon a con-
stant differential height maneuver occcurring at the first apsis after
coelliptic sequence initiation. Since the onboard and ground solutions
for coelliptic sequence initiation agreed within the preflight toler-
ances , the onboard solution was used. A bias of 0.7 ft/sec was added to
the Z-axis component of the maneuver to account for the effects of re-
duced welight after staging on the firing duration.

Following coelliptic sequence initiation, the crew passed their
constant differential height maneuver time to the ground, and this solu-
tion was used for comparison checks. Table 5-I1 shows the solutions ob-
tained based upon the onboard constant differential height maneuver time.
It should be noted in considering the validity of these solutions that
very little ground coverage existed between the ccelliptic sequence
initiation and constant differential height maneuvers. The onboard solu-
tion was verified to have been used for the latter maneuver.

The flight crew and ground controllers computed the terminal phase
initiation solution (table 5-II) based upon a 27.5-degree elevation angle.
All solutions agreed within 15 seconds, and the best estimated trajectory
and guidance computer solutions exactly agree, indicating onboard systems
were performing as expected. The actual terminal phase initiation time
was 1 minute 36 seconds later than the nominal time. This difference
could have resulted from errors in either the coelliptic sequence initia-
tiation or constant differential height maneuvers, or both., For example,
either a horizontal error of about 0.6 ft/sec in the constant differential
height maneuver or an error of about 0.3 ft/sec at coelliptic sequence
initiation could cause this time difference.

The onboard solution for terminal phase initiation was executed at
97:57:59, creating a lunar module orbit of about 126 by 113 miles. At
10 minutes after terminal phase initiation, the first midcourse correction
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of less than 1 ft/sec in each axis was executed. The second midcourse
correction was performed about 22 minutes after terminal phase initiation
and was also a very small maneuver.

Following the midcourse maneuvers, the lunar module entered the brak-
ing phase. Because of scant network coverage during the terminal phase,
a best estimated trajectory is not available for a thorough evaluatjon
of the braking. However, based on the theoretical wvelocity changes and
propellant used, braking was satisfactory.

5.3 CREW PROCEDURES

5.3.1 Lunar Module

The lunar module rendezvous procedures began immediately following
undocking and ended at the initiation of station keeping. These proce-
dures are contained in reference 5 and were followed very closely through-
out the rendezvous.

Separation.- Undocking was attempted at 92:38:00, with the Command
Module Pilot reporting that the capture latches had not released. (See
section 17 for a discussion of this problem.) Since the undocking was
to be performed without attitude control in either vehicle, the combined
spacecraft drifted away from the desired undocking attitude while the
Command Module Pilot was troubleshooting. At 92:39:36, undocking was
accomplished; however, the spacecraft were approximately 10 degrees per
axis away from the planned attitude.

After receiving clearance from the command mecdule to maneuver, the
lunar module was tc have initiated a 120-degree right yaw designed to
place the lunar module X-Z axes in the plane of the command module X-%Z
axes, This plan was altered by the Commander, who terminated the yawing
maneuver when the lunar module X-Z axes were in the orbital plane. The
command module was then maneuvered to the correct relative position with
respect to the lunar module. Because of the extra time consumed by these
unplanned activities, the 180-degree pitch maneuver to point the lunar
module minus X axis toward the command module for descent engine photog-
raphy was reduced to a 90-degree maneuver to place both spacecraft "eye-
to-eye." Attitudes during this period had been selected to provide proper
lighting during the lunar module inspection. From the "eye-to-eye' posi-
tion, the lunar module initiated a 360-degree yaw maneuver for landing
gear inspection. At that point, the timeline and procedures returned to
nominal. At 93:02:54 the command module performed a 5-ft/sec maneuver
directed radially downward to achieve a safe separation distance.
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Phasing.- After rendezvous radar operation was verified, the antenna
was positioned clear of the alignment optical telescope field of view and
turned off. While awaiting sunset, external delta V (program 30) was
loaded with the phasing maneuver and the event timer set counting down.,

An inertial measurement unit alignment (program 52) was initiated
Just prior to sunset using the center forward detent position and stars
Sirius and Acrux. Before terminating program 52, the crewman optical
alignment sight was calibrated and found tc be pointing 0.5 degree to the
left of the plus 7Z axis. Rendezvous radar acquisition was then performed
manuvally, and an update and alignment of the abort guidance system was
accomplished in preparation for the phasing maneuver.

The guidance mode was switched to abort-guidance-system control
about 3 minutes prior to ignition. At 93:47:35, preceded by an 8-second
propellant settling maneuver, the descent engine firing was initiated
for the phasing maneuver. After L4 seconds at l0-percent thrust, the throt-
tle was advanced toward L0 percent. At about 27 percent, the engine was
reported to be rough and throttle changes were terminated until smooth
operation was achieved. (See section 17 for a discussion of this prob-
lem.) The throttling to 40 percent was then completed, and the remainder
of the firing was smooth. The primary navigation and guidance system
velocity residuals were nulled with the reaction control system without
difficulty after descent propulsion system shutdown.

Terminal phase initiation for abort.- When the range had increased
to 19 000 feet, rendezvous navigation (program 20) and terminal phase tar-
geting (program 3U4) were initiated, The first two marks taken by program
20 resulted in the 3-degree alarm. Beyond this point, no additional
alarms occurred throughout the rendezvous. Terminal phase initiation
targeting used the time option of program 34, and the resulting solutions
were very close to nominal. This maneuver was not planned to be per-
formed in the nominal mission, but sclutions were obtained to verify
guidance system operation and to provide the information required for
the lunar module to return to the command module if an sbort during the
phasing orbit had been necessary.

Insertion.- After receiving approval at 95:20:00 to continue with
insertion, final computations in program 34 were made, and the inertial
measurement unit realignment was completed within the allotted time. A
reacquisition of the rendezvous radar in program 20 was accomplished,
followed by the incorporation of three marks into the state vector prior
to reaching & separation distance of 19 0CO feet.

Updating was then terminated until past the closest approach, which
was reported to be 16 000 feet. An additional three marks were taken
after the range had increased tc 19 000 feet prior to the insertion ma-
neuver. Insertion was executed at 95:39:08 following a standerd use of
the program-30/program-40 segquence.
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Coelliptic sequence initiation.- Onboard computation of the coellip-
tic flight plan sequence (program 32) was initiated following the inser-
tion maneuver, with input times of 96:16:03 for the time of coelliptic
sequence initiation and 98:00:23 for the time of terminal phase initia-
tion. This latter time was biased 4 minutes later than nominal to com-
pensate for guidance computer conlc advancement and impulsive thrust
(instantaneous velocity change) assumptions in the coelliptic flight plan
software. The blasing was necessary because the onboard software used
Keplerian orbits (conic) and instantaneous velocity changes to simplify
and expedite maneuver targeting. The elevation input at terminal phase
initiation was a nominal 27.5 degrees.

The weighting matrix initialization and first recycle in program
32, scheduled to take place after four rendezvous-radar updates, were
overlooked by the crew. Approximately 3 minutes later, ground control-
lers advised the crew of the oversight, and the initialization was per-
formed after seven updates. Subsequently, following a request from the
crew for the correct apsidal crossing to use in the coelliptic sequence
initiation program, the ground recommended the second rather than the
preplanned first crossing because of an oversight in reading a ground
display. The oversight was soon corrected, but after the spacecraft had
passed out of station coverage. On the final computation cycle in pro-
gram 32 using the second apsidal crossing, the solution obtained wasg
85 ft/sec in both the primary and abort guidance systems, compared with
a prior ground estimate of 39.3 ft/sec.

Based on this information, program 32 was retargeted using the first
apsidal crossing, and the proper solution was cbtained. Because of the
time used in the retargeting, the crew was unable to enter the backup
chart for coelliptic sequence initiation or te retarget the abort guidance
system for the chosen first apsidal crossing. However, all the data re-
quired for the chart were logged, and postflight examination showed the
chart solution to be 40.T7 ft/sec, which compared quite closely with the
40.0-ft/sec solution obtained by the primary navigation and guidance
system. Although the ground error in recommending an apsidal crossing
parameter would have been of little consequence other than deviating
from the preflight plan, the rapid and perceptive response by the crew
in diagnosing and correcting the oversight indicates a high level of pre-
paration and proficiency. As shown in figure 5-5 use of the second ap-
gidal crossing would technically have resulted in a successful rendezvous,
but from above rather than below. Table 5-IIT contains a summary of all
solutions computed onboard the lunar module during the rendezvous.

After various pre-staging checks were completed, coelliptic seguence
initiation was performed at 96:16:06, with the descent stage being jetti~
soned immediately after the start of reaction control system thrusting.
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The ascent propulsion system interconnects were opened during the coel-
liptic sequence initiation maneuver, as planned, to conserve reaction
control system propellant. The crew reported that a stuck indicator
caused some concern when the ascent propulsion system interconnects were
closed. Based on ground test experience, sticking of indicators was
known to be a potential problem.

Constant differential height maneuver.- After coelliptic sequence
initiation, rendezvous radar tracking was re-established, but the com-
mand module was unable to acquire the lunar module tracking light., (See
section 17 for a discussion of this problem.) The constant differential
height time computed in program 22 was 96:56:29, which was then biased
late by 1 minute 45 seconds to 96:58:14 as an additional compensation
for the conic assumption. Solutions in the constant differential height
program {program 33) confirmed the differential height to be near 10 miles
and terminal phase initiation time to be cnly about 30 seconds later than
nominal (97:56:23). Agreement between all solutions for this maneuver
was within gbout 1 ft/sec.

Midway in time between coelliptic sequence initiation and the con-
stant differential height maneuvers, the maximum range of 98 miles was
observed. The constant differential height maneuver was performed on
time using the ascent propulsion system. All velocity residuals were
nulled to zero with reaction control thrusting.

Terminal phase initiation.- Following the constant differential
height maneuver, the radar reacquired the command module, and the terminal
phase initiation program (3L) was entered. As the mission developed in
real time, the coelliptic phase was about 4 minutes longer than planned,
causing slight deviations from the nominal procedures.

Updating of the abort guidance system with radar information proved
t0 be easier than anticipated. However, the crew reported much more
variation in the abort guidance system solutions than expected, with de-
viations of up to *3 ft/sec about the mean.

Sclutions from the primary guidance system indicated a trend in the
time of terminal phase initiation to increase; the final solution was
given as 97:57:59, or 1 minute 36 seconds later than nominal. All other
solution scurces checked within expected limits. After maneuvering to
the terminal phase initiation attitude, the crew noticed the signal
strength of the radar decreasing rapidly. After reaching a low point,
the signal strength then began to increase steadily to the value previ-
ously indicated. This behavior was subsequently determined to be the
result of the command module maneuvering to its inertial firing attitude
which placed the line-of-sight to the lunar module approximately 20 degrees
above the command module plus X axis, a position in which the transponder
return signal is greatly reduced.
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Terminal phase initiation was executed using the reaction control
gystem with the lunar medule Z-axis pointing toward the command module.
A1l welocity components were then nulled to zero.

Midecourse corrections.- All procedures after the terminzl phase
initiation maneuver were carried out exactly as planned, with the mid-
course corrections cccurring 10 and 22 minutes afterwards. These maneu-
vers were less than 2 ft/sec in any axis and were within expected values.

Braking.- Braking was executed following the planned schedule. At
6000 feet, no maneuver was required as the closing rate was less than
the imposed maximum of 30 ft/sec. At a range of 3000 feet, the closing
velocity was reduced to 20 ft/sec using the minus-Z thrusters. At 1500
feet, the closing veloecity was further reduced to 10 ft/sec, and at 500
feet to 5 ft/sec. Very small corrections normal to the line-of-sight
were also required. The lunar module then coasted to within 100 feet of
the command module, and the relative velocities were nulled in prepara-
tion for docking.

Propellant consumption.- Reaction centrol system propellant consump-
tion during rendezvous, presented in figure 9.7-5, was approximately
280 pounds, as compared to the budgeted value of 400 pounds. Most of
this difference can be attributed to three factors:

a. The mission was close to nominal during the terminal phase and
the midcourse maneuvers were very small and little iine-of-sight control
was required, Therefore, about 100 pounds were used compared to 160 pounds
budgeted,

b. Extensive use by the Commander of minimum-impulse attitude con-
trol, particularly during the phasing orbit, resulted in less than 10
pounds of propellant required, compared with 22 pounds predicted.

c. Lower-than-expected thruster activity during the two descent
englne firings resulted in a consumption approximately 25 pounds less
than expected.

5.3.2 Command Module Procedures

Command module power-up procedures began prior to undocking with
completion of a checklist for guidance and control switch positions,
which included activation of the computer and inertial measurement unit.
A ground uplink was made of state vectors, computer clock synchroniza-
tion, and a reference matrix, which provides a nominal platform orienta-
tion at terminal phase initiation.
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Alignments .- Prior to undocking, the orientation determination pro-
gram (51) for the inertial measurement unit was executed. A fine align-
ment to the preferred orientation was performed using the realign pro-
gram (52). The automatic star-selection and optics-positioning routines
were used for each fine alignment, and a fine-align check using a third
star was also made. Following the initial alignment, the Command Module
Pilot aligned the gyro display coupler to the inertial measurement unit,
and initialized the orbital rate drive to the local vertical using alti-
tude and angle information. The command module was maneuvered to the
inertial undocking attitude at 92:22:00. Subseguent to undocking and
the separation maneuver, a realignment to the reference stable-member
matrix, using program 52, was completed at 93:14:00 in daylight. After
sunset, the crewman optical alignwment sight was calibrated using Aldebo-
ran, which was about 10 degrees from the lunar module. During darkness,
another realignment to the reference stable member matrix was accomplished,
subsequent to phasing, at 94:54:00.

Separation.- The vehicle was maneuvered automatically to the pre-
determined undocking attitude using the digital autopilot. The space-
craft were undocked at 92:39:36, and the required station keeping maneu-
vers were performed for an inspection of the lunar module.

The targeting for the separation maneuver using the reaction control
system was performed by loading the desired incremental velocities inte
the computer. The maneuver was made using four thrusters, and the delta
V counter indicated that 5.2 ft/sec had been applied.

Phasing monitor.- The crew-defined maneuver was executed to orient
the preferred tracking axis at the lunar mcdule for radar checks at clcose-
range. Automatic tracking was initiated at 93:20:00 and was performed
within 1 degree of the center of the optical alignment sight. The elapsed
time from separation was recorded at 10 degrees before the horizontal
crossing. Nominally, the 10-degree point should have occurred at separa-
tion plus 35 minutes, but it occurred 3 minutes T seconds earlier than
expected. An analysis of arrival time versus errors at separation in-
dicates that a 0.38-ft/sec posigrade velocity error can cause this early
arrival time as shown in figure 5-6., The horizontal adjustment chart
solution to put the command module back on an intercept trajectory was
0.85 ft/sec vertically up and 0.4 ft/sec horizontal posigrade.

The descent propulsion system phasing maneuver was initiated at
93:47:35, The command module lined up on the local horizontal, and in
the event of failure of the phasing maneuver, the horizontal adjustment
chart solution was tc be applied using the reaction control system.

Terminal phase initiation for abort.- Automatic preferred-attitude
tracking was initiated, and eight sextant navigation marks were taken.
All navigation marks were used to update the lunar module state vector.
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.The terminal phase initiation pre-thrust program was executed and the
nominal terminal phase initiation abort time was loaded. The program was
recycled, and four solutions were obtained for comparison of solutions
(table 5-IV.) The solutions from the command module and lunar module
guidance computers compared within 0.1 degree in elevation angle, less
than 0.5 ft/sec in X-axis velocity, and about 1.5 ft/sec in Z-axis ve-
locity.

Insertion monitor.- The decision was made to proceed with insertion,
and the platform was realigned to the reference matrix. The command mod-
ule was maneuvered for tracking of the lunar module to monitor the fiyby.
The lunar module was maintained within 1 degree of the center of the op-
tical alignment sight. The closest approach occurred at a ground elapsed
time of 95:17:00.

Coelliptic seguence initistion monitor.- After the insertion maneu-
ver, the Command Module Pilet selected the rendezvous navigation program
{20) and initiated an automatic maneuver to the preferred attitude for
pointing the sextant at the lunar module. The sextant navigation process
was performed according to the checklist, with no problems. Data were
taken to compute the conboard coelliptic sequence initiation backup solu-
tion. This solution, if it had been computed, was 40.3 ft/sec, as com-
pared with the lunar module solution of W0.0 ft/sec. A mirror image ma—
neuver was targeted and would have been performed if the lunar module had
been unable to execute the coelliptic sequence initiation maneuver. It
was scheduled to occur 1 minute after the lunar module execution time of
96:16:06.5,

Constant delta height maneuver monitor.- An asutomatic attitude ma-
neuver of approximately 180 degrees was made to track the lunar module.
However, there was no light visible in the sextant, and the lunar module
crew reported no flash from their reaction control quads. The Command
Module Pilot maintained the preferred tracking axis pointed at the lunar
module to hold radar transponder coverage. The range and range-rate data
were compared with the lunar module data at the horizontal crossing, and
agreement was very good. Two backup pads for the constant differential
height maneuver were received. The service-propulsion-system thrust pro-
gram was selected, and an avtomatic maneuver to the thrust attitude was
made. The command module was targeted with the mirror image maneuver for
1 minute later.

Terminal phase initiation targeting.- Following the constant dif-
ferential height maneuver, the rendezvous navigation program was selected
to provide preferred attitude tracking for sextant navigation. An auto-
matic attitude maneuver of approximately 180 degrees was made, and the
lunar module appeared about 1/2 degree from the center of the reticle.
After about an hour, the first three sextant marks were made, and the
welghting matrix was reinitialized for five additional marks. At the
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conclusion of the first mark period, the state vector comparison was very
good. The terminal phase initiation targeting program was selected after
taking the marks, and a solution was computed based upon a terminal phase
initiation elevation angle of 207.5 degrees. Two additional scheduled
marking pericds of five marks were accomplished, and two extra marking
periods were taken. The terminal phase initiation was monitored by tar-
geting a mirror-image maneuver. The lunar module state vector was updated
with the terminal phase initiaticn data. - The solutions cbtained by the
command module computer are presented in table 5-IV.

Midcourse maneuver backup.- The command module procedures from ter-
minal phase initiation to terminal phase final were modified from nominal
because the lunar mecdule tracking light was not working. This failure
prevented the Command Module Pilot from taking navigation marks to up-
date the state vector. Even though no marks were taken, the terminal
phase maneuver pre-thrust program was selected, and a midcourse solution
was calculated to check program operation. The computer cbtained a small
correction comparable in magnitude to the lunar module solution. At a
range of 3 miles and again at 1.5 miles, the command module and lunar
module values of range and range rate compared favorably, indicating the
state vectors were in close agreement. An automatic maneuver was made in
the rendezvous navigation program to point the X-axis of the command mod-
ule at the lunar module. When the lunar module appeared in daylight, it
was visible all the way to station-keeping, even against the earth back-
ground.

Braking monitor.- Lunar module braking was monitored, and velocity
corrections normal to the line of sight were monitored using the thrust-
monitor program. After sunrise, the lunar module was tracked by the Com-
mand Module Pilot using the diastimeter,

The diastimeter (fig. 5-T) is an optical device used to measure the
distance to a target of known dimensions, such as the lunar module. The
device is mounted in the command mcdule window and uses a split image to
determine range in terms of the angle subtended by the target. It was
carried on this mission as a backup ranging device to the rendezvous
radar for the last 3 miles of the terminal phase. The crew reported per-
formance of the diastimeter was as predicted.

Propellant consumption.- Utilization of service mcdule reaction con-
trol system propellant was somewhat higher than expected, as illustrated
in figure 8.7-2. Approximately 100 pounds of propellant was used between
lunar module undocking and docking, as compared with the predicted wvalue
of 50 pounds. The difference results primarily from the preflight assump-
tion of minimum-impulse attitude control utilization during the lunar
module tracking; whereas automatic tracking in the lunar module minimum
deadband mode was used inflight, as specified by actual flighi{ procedures.
The digital autopilot was used in the automatic mode throughout rendezvous
for all attitude changes, including those for lunar module tracking, to
minimize the workload and facilitate use of the sextant. Attitude con-




5-15

trol propellant estimates for subsequent missions should therefore be
based on using the automatic control medes.

5.4 GUIDANCE, NAVIGATION, AND CONTROL

Onboard navigation throughout the rendezvous was performed autono-
mously, with no state vector updates required from the ground. A final
comparison of the onboard vectors with those from the best estimated tra-
Jectory is not yet available; however, preliminary indications are that
the state vector update process in both wvehicles was satisfactory. The
lunar module radar and command module sextant sighting histories are
shown in figure 5-8. The pericds of ground coverage are also indicated.
The loss of the lunar module tracking light during the coelliptic sequence
initiation maneuver prevented sextant updates until affer the constant
differential height maneuver.

The sensor/computer interface, data incorporation routines, and the
recursive navigation process were thoroughly demonstrated in both vehicles.
Table 5=V contains the results of a preliminary analysis showing the
effect of radar data incorporation on the onboard state vector. The com-
parison was made between the two coelliptic flight plan maneuvers during
a 30-minute periocd in which 17 radar marks were incorporated. The lunar
module onboard state vectors for both wvehicles at the beginning of the
period were integrated forward, without radar updates, to the time of the
last available downlink state vector prior to the constant differential
height maneuver. The relative range and range rate were then computed
for the improved and unimproved state vectors and compared to those from
the best estimated trajectory. The result shown in table 5-V indicates
that the radar data causes the relative state vector to approach that
from the best estimated trajectory.

Figure 5-9 contains time histories of the relative range and range
rate from the rendezvous radar, the command module computer, and the best
estimated trajectory. Command module data are transmitted on the downlink
only when requested by the crew; therefore, only a few points are avail-
able. The comparisons from both systems appear satisfactory, however.

Guidance and control system support of the rendezvous was nominal
for both wvehicles, and all necessary capability was available. Inertial
compenent stabilities in the platforms of both spacecraft and in the lunar
module abort sensor assembly were well within the required limits. The
various attitude reference alignments were sufficiently accurate to have
no measurable effect on the targeting. All computer programs and routines
performed properly and provided the necessary capability to the crew.

The digital autopilot was used in both vehicles throughout the ren-
dezvous seguence for gttitude and translation maneuver control. Auto-
matic attitude control for peointing of the radar and optics was utilized
extensively and operated satisfactorily.
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5.5 VISIBILITY

Successful rendezvous and docking depended upon several types of vis-
ual sightings from both vehicles. The relative positions of the wvehicles
during some of the more important sighting events are shown in figure 5-10.
All required visual sightings were performed satisfactorily with the two
following exceptions.

Failure of the lunar module tracking light during the coelliptic se-
quence initiation prevented the command module navigation update between
this maneuver and the constant differential height maneuver. Subsequent
to the latter maneuver, daylight sextant marks were taken to reduce suf-
ficiently the state vector uncertainties and obtain a valid terminal
phase initiation solution. This fallure was not critical, because the
lunar module guidance systems performed adequately and command module
maneuvers were not required. Therefore, the primary effect of the light
failure was to prevent command module verification of acquisition and
track in darkness at ranges up to 100 miles.

The lunar-module-active docking reguired use of the crewman optical
alignment sight, mounted in the overhead window, for alignment with the
docking target. Because the docking was conducted in daylight, reflec-
tion from the command module obscured the reticle pattern, even at the
maximum brightness setting (see section 17 for further discussion). This
deficiency substantially increased the time required for docking; however,
the Commander was able to complete the maneuver.

5.6 DOCKING OPERATICNS

The command module performed initial docking to the lunar module
after transposition, and all operations were performed as expected. Lunar
module docking was performed after rendezvous and is discussed below.

The rendezvous terminal phase was completed, and formation flying
was begun at about 98:33:00, soon after sunrise. The crew decided to
dock as soon as possible after rendezvous to provide longer daylight in
event of a docking difficulty. During preparation for docking, the dock-
ing probe EXTEND/RELEASE switch was placed to the RETRACT position, but
the probe position indicators did not read properly, so the crew recycled
the switch to obtain proper indications (see section 17 for further dis-
cussion). Because of this discrepancy, confidence in the probe configura-
tion was reduced, and the crew decided to perform probe retraction man-
ually, rather than automatically as specified in the checklist. As dis-
cussed previously, the reticle of the crewman optical alignment sight
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was washed out by sunlight reflection from the command module; however,
the Commander performed an excellent docking aided by position reports
from the Command Module Pilot.

Capture and retraction were nominal at 99:02:26, and all docking
latches engaged properly with only a 0.2-degree ring angle error. The
extend latch did not engage the roller on the probe piston, as was indi-
cated by the extend latch indicator. This is a normal condition for the
second docking. Four strokes on the preload handle were necessary to
completely engage the extend latch. The reguirement to manually engage
the extend latch 1s specified in the docking tunnel checklist.

The decking system performed as required for the command module and
lunar module docking events. Although the docking hardware was not in-
strumented, the indicated initial contact conditions would result in min-
imal leading of the probe and drogue. The following information concern-—
ing the two deckings is based on an analysis of onboard film and crew
comments .,

Transposition Tunar-module-

docking active docking
Axial wvelocity at contact, fi/sec . . . . . 0.3 <0.1
Lateral velocity at cohtact, ft/sec . . . . 0] -
 Angular velocity at contact, ft/sec . . . . 0 -
Angular alignment at contact, deg e e 0 -
Miss distance at contact, in. e e e e 3.2 -
Initial contact to capture time, sec . . . <1 T

Retract time, sec . . ¢ v « « « + + . . .. 30

Ring contact velocity, ft/sec . . . . . . . 0.07 -

5.7 GROUND SUPPORT OPERATIONS

Ground support during the rendezvous centered around acquisition
and processing of network tracking data to obtairn maneuver solutions and
monitoring the status of onboard systems from telemetry data. A nominal
maneuver table was obtained before undocking for the spacecraft orbit
that existed at the start of rendezvous. In addition to the nominal mis-
sion, all rendezvous abort maneuvers and resulting trajectories were de-
termined. The initial orbit was off nominal at 122 by 127 miles and
required another computation of the bias times for use in the onboard
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program used to calculate the coelliptic sequence initiation maneuver.
The nev bias was computed to be 4 minutes, instead of the 3~minute value
corresponding to the preplanned 130-mile circular orbit.

During the rendezvous, network tracking data were incorporated into
the ground state vectors, and all maneuvers through terminal phase initia-
tion were computed and sent to the crew. The ground solutions for the
rhasing and insertion maneuvers were executed, since no onboard target-
ing capability exists. The range at clcsest approach in the phasing
orbit was determined in real time to be 1.3 miles after the phasing man-
euver, 1.9 miles with half the data from the pass over the continental
United States, and 2.7 miles following incorporation of all tracking data.
The insertion maneuver was computed while the wvehicle was in the phasing
orbit and included zll stateside tracking data. After the insertion man-
euver, the coelliptic-flight-plan maneuvers were computed and transmitted
to the crew. The computed time of coelliptic sequence initiation was
96:16:03.6, compared with the nominal time of 96:17:01. The ground then
computed maneuvers for the command module in the event a lunar module
rescue became necessary. Ground computation of the coelliptic sequence
initiation maneuver yielded 39.3 ft/sec, as compared with 40 ft/sec com-
puted onboard the lunar module. The onboard solution was entered into
the ground vector as the actual maneuver, and the time of the constant
differential height maneuver agreed with the lunar module computation of
96:58:14. The ground-computed velocity components of the constant differ-
ential height maneuver agreed within 1.4 ft/sec in each axis. The final
ground support was to determine a backup solution for the terminal phase
initiation maneuver during the coelliptical orbit phase. The maneuver
information transmitted to the ecrew was in close agreement with that cal-
culated onboard.



TABLE 5-I.- APOLLO 9 AND LUNAR MISSION PROFILE COMPARISON

Coelliptic Constant d%fferentlal Terminal phase initiation Terminal Terminal
croe height phase phase
Mission j_;?_%lilation orbital theoretical
it Horizontal | Vertical Elevation | Horizontal | Vertical travel intercept
velocity, velocity, | velocity, angle, velocity, | veloeity, de > | velocity,
ft/sec 't /sec ft/sec deg ft/sec ft/sec & ft [sec
Apollo 9 28.1 -39.2 ~13.7 27.5 19.4 -9.7 130 40.0
Tunar mission 31.2 0.0 0.0 26.6 22.7 -10.6 130 50.5
profile

6T=C



TABLE 5-II.- SUMMARY OF RENDEZVOUS MANEUVERS

Lunar module

Command module

Perapeters® guidmce | guidance Groma | Frecreidesvow | sest-estinsted | (T8
solution sclution solution
Separation maneuver (service module reaction control system)
Velocity chenge, ft/sec - X 0.0 0.0 0.0 0.0
-Y 0.0 0.0 0.0 0.0
-Z 5.0 5.0 5.0 5.0
Ignition time, hr:min:sec 93:02:53 93:02:53 93:02:54 93:02:53
Resultant apogee/perigee altitudes, miles 127/122 127/122
Meximum horizontal trailing distance, miles 2.8 2.0
Phasing maneuver (descent propulsion system, sbort guidance contrel)
Velocity change, ft/sec - X -90.9 0.9 0.8 0.9
- Y -1.2 0.0 0.0 0.0
-z -0.9 -90.7 -90.7 -90.7
Ignitien time, hr:imin:sec 93:47:36 93:47:36 93:47:35. 1 93:47:36
Residual velocities, ft/sec - X -0.9b
- -0.8°
-7 -0.6°
Resultant apogee/perigee altitudes, miles 137/112 137/112 137/112
Point of closest approach, miles 1.9 2.8 2.7
Terminal phase initiation for abort
Velocity change, ft/sec - X -20.1 19.6 -20.2 ~-19.3 -20.0
~Y 0.0 0.6 0.4 0.1 2.7
- 1.8 -3.3 -1.5 7.0 3.4
Time of abort maneuver, hr:min:sec gL:57:53 al:57:53 9l4:57:53 94 :57:53 9k:57:53
Elevation angle, deg 28.85 28.75 29.9 27.5 28.3
Avort time lighting, min before daylight 25 25 25 25 25

S'Velocity changes are shown in a local vertical coordinate system with X measured along the

downward, and Y orthogonal to these.
b,

These velocities reflect values before residuals were trimmed.

velocity vector, Z measured radially

0z-¢



TABLE 5-TI.- SUMMARY OF RENDEZVOUS MANEUVERS - Continued

Lunar medule Command module . Actual
Parameters® guidance guldance Ground Pre-rer.lde ZVous Best—e.stlms,ted tarset
onboard onboard nominal trajectory .
solubion solution solution
Insertion maneuver (descent propulsion system, primary guidance control)

Velocity change, ft/sec - X 43,1 et 43,7 43.1

- 0.0 Q.0 0.0 0.0
-2 0.8 -0.3 0.8
Ignition time, hr:min:sec 85:39:07 95:39:07 95:39:08.1

Residual velocities, ft/sec - X -0.9

-Y -0.8

-7 -0.6
Resultant apogee/perigee altitudes, miles 139/134 139/134 13%/13h
Differential altitude at insertion, miles 12.2 12.1 12.1
Variation in differential altitude, miles 0.1 0.1

Concentric sequence initiation (lunar module reacticn control system with intercennect)

Velocity chenge, ft/sec - X ~Lo.o -39.3 -39.4 -40.0 -h40.0

~Y 0.0 0.6 0.0 0.0 0.0

- Z 0.0 0.0 0.0 0.0 0.0

Ignition time, hr:imin:sec 96:16:03 96:16:03 96:15:52 96:16:06.5 96:16:03
Resultant apogee/perigee altitudes, miles 138/113 138/113 138/113
Differential altitude at ignition, miles 2.0 12.2
Predicted time for constant differentisl height 96:58:14 97:00:32 96:57: 4k 96:57:55

maneuver
Constant differential height maneuver (ascent propulsion system)

Velocity change, ft/sec - X -39.2 -38.2 38.9 -39.9 -39.2

-1 0.1 -0.9 0. 0.0 0.1

-z -13.7 -15.1 -15.1 =24 b -13.7

Ignition time, hr:min:sec 96:58:1L 96:58:14 96:57:kL 96:58:15 96:58:14

Residual velocities, ft/sec -~ X -2.4

-y 0.8

-2 0.0
Resultant apogee/perigee altitudes, miles 117/113 117/111 116/111
Differential altitude, miles 9.7 10.0 10.0
Variation in differential altitude, miles 0.2 0.2 0.0

a . . .
Velocity changes are shown in a local vertical cocrdinate system with X measured elong the velocity vector, Z measurced radially

downward, and Y orthogonal tc these.
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TABLE 5-II.- SUMMARY OF RENDEZVOUS MANEUVERS - Concluded

Lunar module Command medule Actual
Parameters® guidance guidence Ground Pre-rendezvous Best-estimated target
onboard onboard nominal trajectory N
solution soluticn solution
Terminal phase initiation {lunar module reaction control system)
Velocity change, ft/sec - X 15.% -19.5 19.6 20.0 19.5 19.4
- ¥ 0.4 ~0.5 c.1 0.0 2.3 0.h4
-z -9.7 9.0 -10.5 -10.6 -10.9 9.7
Ignition time, hr:min:sec 97:57:59 97:58:08 9T7:57:45 97:56:23 97:57:56 97:57:59
Resultant apogee/perigee sltitudes, miles 129/113 125/113 126/113
Differential sltitude, miles 5.8 10.2 10.0
Flevation sngle, deg 27.5 27.5 27.5 27.5 27.5
Lighting at time of ignition, min:sec until dsy 23:2k 23:15 23:29 23:24
Targeted time of ignition, hr:min:sec 97:56:23 97:56:23 97:56:23 97:56:23
Time slip of ignition, min:sec 1:36 1:k2 1:22 1:36
First midcourse correction (reaction control system)
Velocity change, ft/sec - X -1.0 -0.6 ~1.0
- ~0.3 0.5 0.3
- 2 0.9 -2.3 0.9
Ignition time, hr:min:sec 98:08:00 98:08:00
Second midcourse correction (reaction control system)
Velocity change, ft/sec - X 0.2 0.2
- 0.9 0.9
- -1.8 -1.8
Ignition time, hrimin:sec 98:20:03 98:20:20
Terminal phase braking (reaction control system)
Thecretical velocity change, ft/sec - X 16.8 16.6 16.5
-Y ~1.1 0.6 0.5
-Z 23.2 23.7 22.8
Total 27.8 29.3 28.7 28.9 28.1
Time of theoretical intercept, hr:min:sec 98:29:51 98:28:59 98:30:03
End of braking, hr:min:sec 98:33:50
Time between theoretical intercept and end
of braking, min:sec 3.59 3.47

B'Velocity changes are shown in a local vertical coordinate system with X messured along the velocity vector, Z measured radially

downward, and ¥ crthogonsl to these.
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TABLE 5-ITT.~ LUNAR MODULE SCLUTIONS

Maneuver

Sclution, ft/sec.

Primary
guidance

Abort
guidance

Backup
charts

Coelliptic sequence initiation

40.0 horizontal,
retrograde

(a)

bhO.T horizontal ,
retrograde

Constant differential height

39.2 horizontal,
retrograde

13.7 vertical,
up

4.0 horizontal,
retrograde

1k.0 vertical,
up

39.5 horizental,
retrograde

14.5 vertical,
up

Terminal phase initiation

21.7 forward

20 at elevation angle

of 23.46 deg

20 forward

0.3 down 1 down

0.5 right (c)
First midcourse correction 1.4 aft (e) 6 aft

0.1 up (e) 0.0

0.4 left (e) (e)
Second midcourse correction 1.8 forward (e) 1 forward

0.0 () 0.0
0.9 left (e) {c)

System not targeted for first apsidel crossing at coelliptic sequence initiation because

of lack of time.

bSolution computed postflight with data taken by crew during mission.

cNo solution computed.

¢e—¢



TABLE 5-IV.- COMMAND MODULE SOLUTICNS

(a) Abort from phasing orbit

Solution
Parameter
First Second Third Fourth
Tgnition time, hr:min:sec 94:57:53 | 94:57:53 | 94:57:53 | 9k:57:53
Velocity change, ft/sec - X 20.7 18.7 19.5 19.6
¥ 0.0 0.0 -0.8 0.6
Z 2.5 -6.6 -1.8 -3.3
Elevation angle, deg 211.49 207.26 209.19 208.75
No. of navigstion updates 8 13 21 26
(b) Terminal phase initiation
Solution
Parameter Using
First Second Third Fourth lunar module
ignition time
Ignition time, hr:min:sec 98:03:09.33 | 98:0L:30.21 | 97:58:19.12 | 97:58:08.17 97:57:59
Velocity change, ft/sec - X -20.2 -19.0 -19.3 -19.5 -19.4
Y -0.3 -0.1 -0.2 -0.5 0.0
Z 9.5 11.7 8.8 9.0 8.8
Elevation angle, deg 207.0 207.5 207.5 207.5 207.3
No. of navigation updates 5 10 20 26 -

26
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TABIE 5-V.- LUNAR MODULE NAVIGATION

Conditions Range, & Range rate, ft/sec

A. Lunar module computer integration 598 T37 -43.0
(no updates)

B. Iunar module computer integration 59k 826 -h7.1

(17 updates - 96:17:06.7 to
96:43:55.94)

C. Best-estimated trajectory 593 381 -49.9

Condition A minus Condition B 3 911 L.

Condition B minus Condition C - 1 hks 2.8
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NASA-5-69-1950

Vertical displacement, miles

\— Apcllo 9 coelliptic profile

L — Gemini XII rendezvous profile
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Figure 5-1.— Comparison of Gemini XII and Apolle 9 rendezvous profiles.
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Figure 5-2.- Comparison of major events for Apollo 9 and the lunar mission.
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6.0 COMMUNICATIONS

This section discusses the overall evaluation of Apollo 9 communica-
tiong performance for the various links between the command module, the
lunar module, the extravehicular crewman, and the Manned Space Flight
Network. The communications capabilities evaluated are voice, telemetry,
tracking, command, and television.

Performance of the communication systems, including the command
module and lunar module equipment (sections 8.4 and 9.4, respectively),
was generally satisfactory. However, several problems degraded the over-
all system performance and temporarily inhibited voice, telemetry, com-
mand, or tracking capability.

Pictures of excellent quality were received during the two tele-
vision transmissions from the lunar module. Voice quality was good
throughout the rendezvous phase and during most of the mission. However,
cn several occasions, procedural errors or improper equipment configura-
tions prevented communications between the Mission Control Center and
the spacecraft. A communications check utilizing the backup S-band volce
signal combinations was performed over the Carnarvon station during the
first revolution. Good quality voice was received by both the spacecraft
and the station; however, the downlink voice was not remoted to the Mis-
sion Contrecl Center.

The first communications problem was a procedural error that occurred
during the launch phase. As shown in figure 6-1, procedural errors at the
Grand Bshamsa Island station caused degraded S-band system performance be-
tween 0:02:00 and 0:02:32, when the ground receiver locked on to a
51.2-kHz spurious signal in the downlink spectrum, and between 0:02:32 and
0:03:17, when the antenna tracked a sidelobe. A complete loss of S-band
communications was encountered between 0:05:01 and 0:06:00 because the
operator of the ground transmitter interrupted transmissions 30 seconds
early. At 0:05:12, the operator recognized the error and energized the
transmitter, but he was unsuccessful in reestablishing two-way phase lock.
At 0:05:30 the Bermuda station initiated uplink transmissions as sched-
wled. The spacecraft transponder immediately locked to the Bermuda sig-
nal; however, solid two-way phase lock was not established until 0:06:00.
See section 14 for further details.

During the first television transmission, no voice was received at
the Mission Control Center until the Merritt Island station was requested
to remote VHF voice instead of S-band. Subsequent investigations showed
that good quality S-band voice was received and recorded at Merritt Island,
but that transmission to the Mission Control Center was inhibited by im-
proper equipment operation or configuration within the station (see sec-—
tion 1h).



Excellent quality volce transmissions were received from each of the
crewmen during the extravehicular activity. However, the crew did not
receive Mission Control Center transmissions relayed through the Texas,
Merritt Island, Bermuda, and USNS Vanguard stations. Only one of the
transmissions relayed through the Guaymas station was received by the crew.
As a result of improper configurations at the Guaymas, Texas, Merritt Is-
land, and USNS Vanguard stations, all voice transmissions, except one,
were on the S-band uplink only. Reception of the S-band transmissions was
inhibited, as planned, by the spacecraft volume-control settings being at
full decrease. Voice transmissions through Bermuda were unsuccessful as
they occurred during periods of intervehicular communications when the
VHF receivers were captured. Good quality uplink voice was received by
each of the crewmen during transmissions through the USNS Huntsville,

USNS Redstone, and Canary Island stations.

Telemetry data and voice were recorded onboard when the command
module was outside the network coverage area. Solid frame synchronization
was provided by the telemetry decommutation system during most of the data
playbacks. The quality of the recorded voice was dependent on the play-
to-record speed ratic of the data storage equipment and on the type of
network station which received the playbacks. Several single S-band
stations reported high-level tone interference in the received voice with
a play-to-record ratio of 32. These stations were using a new receiver
installed to provide capability to support a dual-vehicle earth orbital
mission. Data indicate that the interference was caused by use of an
intermediate-frequency amplifier with insufficient bandwidth to accomodate
the combination of the mcdulation spectrum, Doppler, spacecraft transmitter
frequency offset, and spacecraft transmitter short-term frequency stabil-
ity.

The transceiver and power amplifier switching associated with lunar-
module secondary S-band checks caused several signal dropouts during the
Antigua and Carnarvon coverage of revolutions 29 and 32, respectively.
Since Antigua is a single S-band station and was attempting to support
both vehicles, some data were lost.

Invalid S-band range-code acquisitions were reported by the Gold-
stone, Honeysuckle, and Texas stations during their coverage of lunar
module operations. The range-code acquisition problems during Goldstone
coverage of revolutions 31 and 32 were caused by false uplink phase locks.
The inability of the Texas station to achieve a wvalid range-code acquisi-
tion during the ascent engine firing to depletion was caused by use of an
incorrect uplink range-code modulation index. Discussion and analyses
of the Honeysuckle problem will be included in a supplemental report.

The performance of the lunar module UHF command system was good
throughout lunar module operations. The performance of the command and
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service modules S-band command system was satisfactory, except for the
time period from 109:21:50 to 118:46:53. Verification of spacecraft ac-
ceptance of real-time commands was not detected by the ground stations
during the above period. Data indicate that the commands were being
properly encoded and transmitted. Subsequently, the crew was able to
correct the problem (see section 17). The lunar module S-band steerable
antenna was not functionally tested during the mission.

The service-module high-gain antenna was acquired and tracked success-
fully for S-band communications during the Carnarvon and Hawaii station
coverage during revolution 122. The received uplink and downlink carrier
power levels during both passes corresponded with preflight predictions.

L
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7.0 TRAJECTORY

The trajectory data for the phase from lift-off to spacecraft sepa-
ration from the S~IVB were provided by the Marshall Space Flight Center,
and a detailed analysis of these data is presented in reference 6. All
spacecraft trajectory information is based on the reduction and post-
flight analysis of data from the Manned Space Flight Network. This sec-
tion includes analysis of firings performed by the service propulsion
system, descent propulsion system, and ascent propulsion system during
all mission phases except rendezvous. Trajectory analysis for the ren-
dezvous maneuvers is presented in section 5.0.

The earth model contains geodetic and gravitational constants repre-
senting the Fisher ellipsoid. The state vectors and orbital parameters
are presented in the geographic coordinate system defined in table T-I.
Table T-II presents the trajectory conditions for all flight events. The
ground track during launch and the initial revolutions is shown in fig-
ure T-1.

7.1 LAUNCH PHASE

First stage (S-IC) cutoff was 3 seconds later than planned, and the
corresponding altitude, velocity, and flight-path angle were low by
9501 feet, 96 ft/sec, and 1.1 degrees, respectively. The trajectory for
the launch phase is plotted in figure T-2.

Second stage (S-II) cutoff was 2.3 seconds later than planned, and
altitude, velocity, and flight-path angle were low by 8158 feet, 268 ft/
sec, and 0.45 degree, respectively. The degraded performance of the
first and second stages resulted from the planned trajectory not being
adjusted for the off-nominal engine performance, the increase in propel-
lant temperature, and the 3-day lift-off postponement (see section 16.0).
A nominal orbit insertion (figure 7-2) was achieved by the first S-IVB
firing, which lasted 10.8 seconds longer than planned. At orbital
insertion, the altitude, velocity, and flight-path angle were 1052 feet
low, 3 ft/sec high, and 0.005 degree high, respectively.

7.2 SPACECRAFT/S-IVB SEPARATION

The command and service modules remained attached to the S-IVB until
2:41:16, when the transposition and docking phase began. This operation
was completed successfully at 3:01:59.3. At 4:08:06, the docked spacecraft
were separated from the S-IVB, Following a small separation maneuver, the
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S5~IVB performed two restart maneuvers, the second of which placed it in
a heliccentric orbit. The resulting aphelion, perihelion, and period
were 80 093 617 miles, 4k 832 845 miles, and 245 days, respectively.

T.3 ORBITAL FIRINGS

During the b4 days prior to rendezvous, one descent propulsion and
five service propulsion firings were performed by the docked spacecraft.
No translation maneuvers were requlred to effect propellant settling
prior to the first three service propulsion firings. After rendezvous,
an ascent engine firing to propellant depletion and three undocked serv-
ice propulsion firings were performed. The trajectory parameters at ig-
nition and cutoff for each orbital firings are shown in table T-II. The
maneuver summary presented in table T-IIT includes the firing times,
velocity changes, and resultant orbits for each maneuver.

T.3.1 Docked Firings

The first docked service propulsion firing was performed at about
6 hours and was conducted approximetely 1.5 minutes earlier than planned
to optimize Hawaii station coverage. This firing, including the shutdown,
was controlled by the primary guidance system using external-velocity
logic. The platform was aligned normally, and the posigrade velocity
increment was applied in-plane.

At approximately 22 hours, the second docked service propulsion
firing was performed. This firing was also external-velocity targeted
and controlled by primary guidance. The velocity change was applied
largely out-of-plane.

Approximately two revolutions after the second service propulsion
firing, the longest docked service propulsion system firing was conducted
as planned. This firing also was cconducted largely out-of-plane, but
with sufficient in~plane velocity to raise the apogee to 275 miles. Fol-
lowing this firing, the command and service module rescue capability for
the lunar module rendezvous was established. The full-amplitude stroking
test was conducted during the initial portion of the firing and manual
thrust vector control during the final U5 seconds of the firing.

Approximately two revolutions after the third service propulsion
firing, the fourth service propulsion firing was made, targeted ocut-of-
plane such that the resulting apogee and perigee values did not change
significantly.
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FPollowing power-up and systems checks in the lunar module, the docked
descent engine firing was performed at approximately 50 hours. This fir-
ing lasted 372 seconds and was manually terminated. Attitudes were con-
trolled by the primary guidance system.

Approximately three revolutions after the docked descent engine fir-
ing, the service propulsion system was activated for the final docked
firing, which resulted in an orbit of 129.2 by 123.8 miles as compared
with the planned circular orbit of 130.0 miles. Although large velocity
residuals were expected, no provisions had been made to null these errors.
The time of terminal phase initiation during the rendezvous occurred
4 minutes earlier because of the dispersions in this firing, but the
orbit fellowing this final docked firing was acceptable for the rendez-
vous sequence.

T.3.2 Undocked Firings

During rendezvous operations (see section 5.0), the descent stage
had been left in earth orbit. Subsequently, it entered the earth's at-
mosphere on March 22, 1969, at 0345 G.m.t., impacting in the Indian Ocean
off the coast of North Africa.

At approximately 101.5 hours, the ascent stage was jettisoned, and
a separation maneuver was performed by the command and service modules,
At approximately 102 hours, the ascent stage was ignited for a 362.h-sec-
ond firing to propellant depletion. The ascent propellant interconnect
remained open throughout the firing. As a guarantee that a guidance cut-
off would not be sent prematurely, the firing was targeted with a velocity
increment in excess of that required to deplete propellants. The final
orbit for the ascent stage was 3760.9 by 126.6 miles, with a lifetime of
5 years.

The sixth service propulsion firing was conducted at 123:25:07,

one revolution later than planned because the propellant-settling maneu-
ver was unsuccessful during the first attempt. The firing was performed
retrograde to lower the perigee so the reaction control system deorbit
capability would be enhanced in the event of a contingency. The total
velocity change during the sixth service propulsion firing was less than
planned because the fifth firing had resulted in a lower-than-planned
orbit,

Approximately 2 days later, the service propulsion system was acti-
vated for the seventh time, and a gaging system test had been added to
the firing objectives. The test reguired a firing time of approximately
25 seconds, which was 15 seconds longer than planned prior to flight.
The firing was largely out-of-plane; however, a small in-plane velocity
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component raised the apogee to 253.2 miles to establish the desired con-
ditions at the nominal deorbit point. If the service propulsion system

had failed at deorbit, the reaction control system could have conducted

a deorbit maneuver from this apogee condition and still landed near the

primary recovery area.

The final maneuver (deorbit) occurred at 2L0:31:11h4.9 over Hawaii.
The ignition was delayed approximately one revolution to effect a land-
ing south of the planned recovery area because of unfavorable weather
conditions. The firing was ncminal,

T.4 ENTRY

The entry trajectory (fig. T-3) was generated by correcting the
guidance and navigation accelerometer data for known errors in the iner-
tial platform.

Command module/service module separation occurred at 2L0:36:0L,
The entry interface velocity was 3 ft/sec lower and the flight-path angle
0.007 degree higher than predicted. The pesk entry load factor was
3.35g. Section 8.6 contains the discussion of entry guidance. At drogue
deployment, the guidance and navigation system indicated a 0.7-mile under-
shoot while the postflight reconstructed trajectory indicates a 2.T7-mile
overshoot. The entry data are listed in table 7-IV. After separation,
the service module reaction control system was expected to fire for
118 seconds. The finite duration of this firing was dependent upon fuel
cell capability and was calculated to be as short as 9L seconds and as
as long as 124 seconds. The firing was performed in order to place the
service module on a trajectory which would prevent recontact by provid-
ing adequate downrange and crossrange separation. The service module
structure cannot survive entry intact, however, impact predictions assume
that structural integrity is maintained. The impact point corresponding
to a 118-second firing was computed to be 22.4 degrees north latitude
and 66.2 degrees west longitude, or 99 miles downrange from the command
module. Radar tracking data predicted an impact at 22.0 degrees north
latitude and 65.3 degrees west longitude, or 175 miles downrange from the
command module. Differences in the impact point predictions, with the
attendant dispersions, would be expected in light of the gross uncertain-
ties existing in the required finite values for ballistic coefficient,
vehicle attitude, drag coefficient, length of engine firing, and radar
tracking accuracy.
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7.5 TRACKING ANALYSIS

Few problems were encountered in processing radar tracking data.
In general, data quality was consistent with that of previous earth-orbit
missions. Minor operational errors presisted but did not degrade orbit
determination efforts. A consistent bias in the Madrid station range
measurements and a bias in angle data from the Carnarvon station existed.
Both problems are being examined.

In general, tracker performance was excellent, and no significant
problems were encountered. The S-band system performed well, and orbit
determination results showed excellent agreement between C-band and
S~band solutions.
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TABLE 7-I.~- DEFINITION OF TRAJECTORY AND ORBITAL PARAMETERS

Trajectory parameter

Geodetic latitude

Longitude

Altitude

Space-fixed velocity

Space-fixed flight-path
angle

Space-fixed heading
angle

Apogee

Perigee

Period

Inclination

Definition

Spacecraft position measured north or south
from the earth equator to the local vertical
vector, deg

Spacecraft pesition measured east or west from
the Greenwich meridian to the local vertical
vector, deg

Perpendicular distance from the reference
ellipsoid to the point of orbit intersect, ft

Magnitude of the inertial velocity vector
referenced to the earth-centered, inertial
reference coordinate system, ft/sec

Flight-path angle measured positive upward
from the geocentric local horizontal plane
to the inertial wvelocity vector, deg

Angle of the projection of the inertial
velocity vector onto the local geccentric
horizontal plane, measured positive eastward
from north, deg

Maximum altitude above the oblate earth model,
miles

Minumum altitude above the cblate earth model,
miles

Time required for spacecraft to complete
360 degrees of orbit rotation, min

Angle between the orbit plane and the equator,
deg



TABIE 7-IT.- TRAJECTORY PARAMETERS

Space-fixed

Space-fixed

Space-fixed

Time, Latitude, Longitude, | Altitude, . - :
Event o . velocity, flight-path | heading angle,
hr:iminisec deg deg miles Tt/sec mngle, deg deg E of N
Launch Phase
S-IC inbeoard engine cutoff 0:02:14.3 28.73N 80.16wW 22.4 6 329.5 22.58 72.42
S-IC outboard engine cutoff 0:02:42.8 28.870 T9.67TW 34.8 9 014 18.54 75.34
S5-II engine cutoff 0:08:56.2 31.79N 65.04% 100.7 22 754 0.92 81.87
S-IVB engine cutoff 0:11:04.7 32.60N 55.93W 103.1 25 564 -0.01 86.98
Parking Orbit
Orbital insertion 0:12:1k.7 32,630 55.1TW 103.1 25 570 -0.01 87.k1
Command module/S-IVB-lunar module separation 2:41:16 11.928 162.91K 107.0 25 553 0.02 59.26
Command module/lunar module docking 3:01:59.3 28.83N 12k 360 108.8 25 549 -0.02 73.90
Command module-luner module/S-IVE separation 4:08:06 14,325 135.62E 105.2 25 565 0.03 60.37
Pre-Rendezvous Maneuvers

First service propulsion maneuver

Ignition 5:59:01.1 29.46N 167. 82w 108.7 25 549.8 0.000 75.15

Cutoff 5:59:06.3 29.530 167.53W 108.7 25 583.8 0.001 75.29
Second service propulsion maneuver

Ignition 22:12:0L.1 27.540 6L, 13w 107.9 25 588.2 -0.03% TL.66

Cutoff 22:13:54. 4 25,780 56.43W 108.0 25 T01.7 -0.020 73.68
Third service propulsion maneuver

Ignition 25:17:39.3 33.130 83.93W 109.7 25 692.L 0.158 83.89

Cutoff 25:22:19.2 33.980 62.22W 115.7 25 7943 0.456 90.86
Fourth service propulsion maneuver

Ignition 28:2hk:L1.4 33.99N 131.16W 1ik.3 25 807.7 0.388 8g.52

Cutoff 28:25:09.3 3.99N 109.00W 115.0 25 798.9 0,434 90.14
First descent propulsion maneuver {docked)

Ignition Lg:41:3k.5 33.16N 89.6LW 110.0 25 832.7 -0.020 82.09

Cutoff ho:hT:46.0 33.80N 60.76W 117.0 25 783.0 0.530 95.18
Fifth service propulsion maneuver

Ignition 54:26:12.3 30,430 111.20W 128.2 25 700.8 0.826 106.23

Cutoff 54:26:55.6 29.60N 108.14W 126.3 25 L73.2 0.010 107.01

Rendezvous Maneuvers

Separation maneuver (service module)

Ignition 93:02:54 2L . 298 35.15E 126.4 25 L80.5 0.020 11h.13

Cutoff §3:03:03.5 23.98N 35.85E 126.5 25 480.5 0.003 114,44
Second descent propulsion maneuver (phasing)

Ignition 93:47:35.4 23.893 155.4hw 121.1 25 518.9 0.002 65.48

Cutoff G3:47:54.1 23,365 15k, 27W 121.1 25 518.2 0.206 64,98




TABLE T-II.- TRAJECTORY PARAMETERS -~ Concluded

Space-fixed

Space-Tixed

Space-fixed

Time, Latitude, Longitude, Altitude, . X :
Event o - velocity, flight-path heading angle,
hr:min:sec deg deg miles Tt/sec angle, deg deg E of N
Rendezvous Maneuvers - Concluded

Third descent propulsion maneuver {insertion)

Ignition 95:39:08.1 23.09N 102.7TW 136.7 25 412.6 0.036 65.74

Cutoff 95:30:30. 4 23.koN 102.08W 136.7 25 453.0 0.031 65.35
Coelliptic sequence initistion meneuver

{luwar module reaction control system)

Ignition 96:16:06.5 T.548 40, 10F 137.9 25 452.0 -0.0k2 122.91

Cutoff 96:16:38.2 8.728 41,278 137.9 25 412.0 -0.0L48 122.63
Constant delta height maneuver (first

ascent propulsion firing)

Ignition 96:58:15 2_L4oN 159.23W 112.7 25 552.0 -0.002 56.4k

Cutoff $6:58:17.9 3.26N 157.98W 112.7 25 550.6 -0.030 56.44
Terminal phase initiation (lunar module

reaction control system)

Tgnition 97:57:59 30.868 £5.38E 113.0 25 540.8 -0.0k4k 104,42

Cutoff 97:58:36.6 31.h98 68,278 113.0 25 560.5 -0.013 102.85
Station-keeping 98:30:51.2 11.LheN 168, 72W 123.5 25 509.9 0.030 58.13

Post-Rendezvous Meneuvers

Ascent propulsion firing to depletion

Ignition 101:53:15.4 28, 568 112.5TW 126.5 25 L480.3 -0.017 108.77

Cutoff 101:59:17.7 19.59N 88. 22w 13%.4 29 hig.k 2.230 111.85
Sixth service propulsion maneuver

Ignition 123:25:07.0 23.898 11C.00E 119.6 25 522.2 0.017 65.47

Cutoff 123:25:08.}4 23.868 110.07E 119.5 25 489.0 0.020 65.44
Seventh service propulsion maneuver

Ignition 169:39:00.4 33.668 102.88W 103.8 25 589.6 -0.067 92.97

Cutoff 169:39:25.3 33.5TH 100.95W 103.3 25 825.9 =0.k41Y 92.79
Eighth service propulsiocn maneuver

Ignition 240:31:14.9 25.89N 155.88w 171.9 25 318.% -1.158 67.75

Cutoff 2k0:31:26.6 26.17N 155.13W 170.5 25 142.8 -1.753 68.10




TABLE T7-III.- MANEUVER SUMMARY

Ignition Firing | Velocity Fesultant orbit
Maneuver : .
time, time, change, Apogee Perigee Period Inclination
hr:min:sec sec¥ ft/sec¥® pogee, rLgee, L0 2
miles miles min deg
First service propulsion maneuver 5:59:01,1 5.2 36,6 127.6 111.3 88.8 32.56
Second service propulsion maneuver 22:12:04.1 110.3 850.5 192.5 110.7 90,0 33.46
Third service propulsion meneuver 25:17:39.3 279.9 2567.9 274.9 112.6 91.6 33.82
Fourth service propulsion maneuver 28:2h:41.4 27.9 300.5 275.0 112.4 91.6 33.82
First descent propulsion maneuver {docked) 49:41:34.5 371.5 1737.5 274.6 112.1 91.5 33.97
Fifth service propulsion manesuver Sh:26:12.3 43.3 572.5 131.0 125.9 89.2 33.61
Ascent propulsion firing to depletion 101:53:15. 4 362.3 5373.k 3760.9 126.6 165.3 28.95
Sixth service propulsion maneuver 123:25:07.0 1.4 33.7 123.1 108.5 88.7 33.62
Seventh service propulsion maneuver 169:39:00.4 2h.9 650.1 253.2 100.7 90.9 33.51
Eighth service propulsion maneuver 240:31:1k,9 11.7 322.7 2L0,0 -4,2 88.8 33.52

NOTE: Apogee and perigee values are referenced to an oblate earth.

¥FPiring times and velocity changes do not include the plus-X translation maneuver for propellant settling.

6-L
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TABLE T-1V.- ENTRY TRAJECTORY PARAMETERS

Entry interface (400 000 feet altitude)

Time, hr:min:sec . +« « « « ¢« « + &
Geodetic latitude, deg north . . .
Longitude, deg west . . . . . « .+
Altitude, miles . . « « ¢ ¢« « « .«
Space-fixed velocity, ft/sec . . .
Space~fixed flight-path angle, deg

'‘Space-fixed heading angle, deg east

Maximum conditions
Velocity, ft/sec .« . « « v « « . .

Acceleration, g . + + . ¢« . < o . .

Drogue deployment
Time, hr:min:sec ., . . . .+ « « . .

Geodetic latitude, deg north

Recovery ship report . . . . . .
Best-estimate trajectory . . . .
Onbeoard guidance . . . .« « .+ « .
Target . . + + « ¢« ¢ + « « & . .
Longitude, deg west
Recovery ship report . . . . . .
Best-estimate irajectory . . . .
Onbocard guidance . . .« « « « .+

Target .+ « ¢ o« o o o o o s 2 4 s

[
L S S
L T S S
D S T T S
L T S T S S

. . - - . . . - .

of north . . . .

2h0:4k:10.2
33.52
99.05
65.90
25 894
~1.Th
99.26

25 989
3.35

2h0:55:07.8

23.21
23,22
23.26
23.25

67.9k
67.98
68.01
68.00
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Figure 7-1. - Ground track during launch and parking orbits.
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Figure 7-2, - Trajectory parameters during launch phase.
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8.0 COMMAND AND SERVICE MODULE PERFORMANCE

This section presents the specific performance of major system groups
in the command and service modules. No separate sections are included for
the launch escape system and the spacecraft/launch-vehicle adapter, both
of which performed as expected. All command and service module systems
performed satisfactorily; only those systems for which performance signif-
icantly differs from previous flights or for which results are considered
pertinent to future flights will be discussed. The sequential, pyrotech-
nic, thermal protection, power distribution, and emergency detection sys-
tems operated exactly as intended and are not documented. Specific dis-
crepancies and anomalies in other systems are mentioned in this section
but are discussed in greater detail in section 17, Ancmaly Summary. De-
tailed analyses of system performance related to the Apollo G extravehic-
ular and rendezvous operations are contained in sections 4 and 5, respec-
tively, and are not presented here. A compilation of liquid consumable
guantities 1s presented at the end of this section.

8.1 STRUCTURAL AND MECHANICAL

8.1.1 Structural Loads Analysis

Analysis of spacecraft structural loads was based on measured accel-
eration, aerodynamic, and engine data, all of which indicate that the
loads were less than design values for all phases of flight.

Launch phase.- Peak ground winds at launch were 1l4.4 knots, compared
to the launch restriction of 30 knots. The calculated and predicted loads
at the various interfaces at 1ift-off are compared in table 8.1-I, The
highest spacecraft lcads, also shown in the table, occurred in the region
of maximum dynamic pressure and were caused primarily by the angle of at-
tack induced by wind shear. Maximum axial acceleration of the spacecraft
occurred immediately prior to first-stage outboard-engine cutoff (table
8.1-I).

The crew reported experiencing a negative longitudinal acceleration
during shutdown and separation of the first stage; the maximum negative
acceleration recorded was minus 0.8g at 0:02:43.6. This negative accel-
eration is greater than any measured in the three previous Saturn V mis-—
sions (fig. 8.1~1), but it was still less than the design value. This
negative acceleration is attributed to a more rapid thrust decay of the
first-stage engines from the 30-percent thrust level. The command module
accelerations during this period are shown in figure 8.1-2. The measured
and predicted maximum tension loads at separation are compared in
table 8.1-I,



The crew reported low-level longitudinal oscillations near the end
of second-stage flight. The maximum longitudinal oscillation measured
at the command module forward bulkhead was 0.05g at 9 Hz, which is with-
in the acceptable structural levels.

Docked spacecraft.- The maximum accelerations for the docked space-
craft were measured during the start transient of the first service pro-
pulsion firing (table 8.1-II and fig. 8.1-3). The calculated and allow-
able loads at the docking interface are compared in table 8.1-III. The
stroking (engine gimbaling) test during the third service propulsion fir-
ing was to have a maximum gimbal angle of *0.02 radians, but only 8C per-
cent of this amplitude was obtained. The rates for this stroking test
are shown in figure 8.1-4, and the measured and allowable loads are com-
pared in table 8.1-III.

The crew reported a low-frequency bending motion when the service
module reaction control system was operated in the docked configuration
(see section 8.6). Peak rates measured during these operations were
less than 0.1 deg/sec in pitch and yaw. All of the docked spacecraft
interface loads were within design limits.

Command and service module accelerations.- The maximum command and
service module accelerations were experienced during the eighth service
propulsion firing, which involved the lowest spacecraft weight; these
accelerations are shown in table 8.1-IT. A time history of the acceler-
ation for the start of the firing is shown in figure 8.1-5, and is repre-
sentative of the normal response to start transients experienced on pre-
vious flights. During entry, the maximum X-axis acceleration was 3.35g.

8.1.2 Mechanical Systems

The mechanical systems of particular interest for Apollo 9 are the
docking mechanism, the side hatch, and the earth landing system. The
docking mechanism is discussed in section 5, and cperation of the side
hatch 1s discussed in sections 4 and 10.2.

All entry events, from forward heat shield jettison through main
parachute deployment, were accomplished automatically, as planned. The
forward heat shield was recovered after landing and appeared to have
functioned properly. The two drogues and three pilot parachutes deployed
properly and without apparent damage. After the main parachutes were
inflated, the flight crew noted that several individual sails were damaged
in the lower skirt area of at least one of the canopies; the damage in-
cluded one broken suspension line (see fig. 8.1-6). Parachute damage
caused by contact of the deployment bag with an adjacent canopy is charac-
terized by torn or friction~burned sails in a localized ares in the lower
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skirt, with suspensicn-line break near the canopy. The parachute system
is designed to sustain this type of minor damage, which is of a relatively
low-probability and does not Jjeopardize the inflation or performance
characteristics of the main parachutes. Recontact was observed on 22 of
27 boilerplate tests, but in only T of these cases was any damage found,
and this was similar to that observed in Apollo 9. There was no indica-
tion that the reaction control system propellant depletion firing and
purge caused any significant damage to the main parachutes.

8.1.3 Thermal Control

The temperature response for all passively controlled elements of
the command and service modules remained within normal operating limits
and was consistent with Apcllo T data. Temperatures for the service pro-
pulsion and reaction control system tanks remained within a range of
57° to T7° P, except during rendezvous, and exhibited a slight cooling
trend. During the rendezvous (92 to 101 hours), the temperature of the
quad-C helium tank increased to 82° F because the spacecraft was main-
tained at a sun-oriented attitude that would cause this increase. The
quad-B helium tank was also sun-oriented and exhibited a similar tempera-
ture increase but at a lower range. The temperatures of the service pro-
pulsion feedlines, the command module reaction-control helium tanks, and
the command module ablator remained within expected ranges.

8.1.4 Thermal Samples

A group of thermal-control-coating and window-glass specimens were
selected for placement on both vehicles for retrieval and postflight
evaluation to determine the degradation in thermal absorptance and emit-
tance resulting from the launch, staging, and induced and natural environ-
ments. Four of the five thermal samples were retrieved; one thermal
sample was missing. These specimens were located on the spacecraft as
shown in figure 4-2.

Preflight and postflight absorptance and emittance measurements of
the samples were made. The visual gppearance of the service module
specimens indicated degradation, and measurements over the thermally sig-
nificant wavelength spectrum (0.28 to 2.5 microns) confirmed the degrada-
tion to be predominantly in the visual range (approximately 0.38 to
0.76 microns ). However, the total degradation was within the allowable
limits for acceptable performance. Results of chemical analyses identi-
fying the degradation sources will be included in a supplemental report.
Table 8.1-IV contains the results of the analyses conducted to the time
of publication of this report.



TABLE §.1-I.- MAXIMUM

SPACECRAFT LOADS DURING LAUNCH PHASE

Lift-off Meximm qa End of first-stage boost Staging
Interface Load 5 5 Y b Py 5
Calculated® | Predicted Calculated® | Predicted Caleulated” | Predicted Calculated® Predicted
Launch escape Bending moment, in-l1b . . 370 000 2 173 090 708 900 1 390 000 31 100 113 000 k6 000 960 000
system/commend |, 60 1 000 51 200 5 6
madule Axial force, 1o . . . . . -9 T -1 2 -27 300 -35 000 -36 100 970 S 000
Command module/ |Bending moment, in-1b . . . 514 000 | 2 810 000 884 100 | 1 827 000 257 000 504 000 137 000 1 260 000
service module |, ip) force, b . . . . —23 310 -36 000 -82 500 -91 000 -83 700 -99 500 17 565 12 4oo
Service module/ |Bending moment, in-1b . . . 3074 000 | 5 390 000 2 700 000 | 2 k96 000 1279 000 1 780 000
adapter Axial force, 1b . . . . . -176 300 -194 000 -265 500 -299 000 55 150 38 600
Adspter/instru~ |Bending moment, in-1b . . ., 9 637 500 | 16 300 000 1 740 000 3 619 000 1 BTh 000 3 630 000
went unit Axiel force, 1b . . . . 1269 500 —297 000 _406 000 -kk5 000 85 690 59 000
NOTE: Negstive axial force indicates compression.

The flight conditions at maximum gqo were:

The accelerations at the end of first-stage boost were:

Condition Measured Predictedp
Flight time, sec . .. 79 75.4
Mach 0. . . . . . - . . 1.k2 1.35
Dynamic pressure, psf . . , 633 685.7
Angle of attack, deg . . . . k.13 6.35
Maximum qa, psf-deg . 2614 k354

E'C:a.lc\.zll.at:ed from flight data.

bPredicted Apollo 9 loads for Saturn V, block IT design conditions.

Acceleration Measured Predictedb
Longitudinal, g . . . . 3.9 4,04
Lateral, g . . « . . . . ¢ 0.C5

%8
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TABLE 8.1-I1.- MEASURED ACCELERATIONS DURING TWO MANEUVERS

Acceleration, g
Maneuver
X Y Z
First service propulsion firing (docked) 0.08 0.08 0.05
Eighth service propulsion firing (deorbit) | 0.5 0.15 0.1

TABIE 8.1-ITI.- CALCULATED SPACECRAFT INTERFACE LOADS
DURING TWO DOCKED SERVICE PROPULSION MANEUVERS

Maneuver Load Calculated® capgi?i:ty**
First firing Bending moment, in-1b . . . 19 000 220 000
Axial force, 1b . . . . . . -18 600 -18 600
100 percent Bending moment, 1o . . . . 30 000 320 000
?Eigiéniiiiig) Axial force, 1b . . . . . . 8 400 8 400

¥Based on flight data.
¥¥For factor of safety of 1.5.



TABLE 8.1-1V.- THERMAL SAMPLE DEGRADATION SUMMARY

98

Absorptance Emittance
Material Se.mplea
Allowable | Preflight | Postflight Change, | oo right | Postflignt | CHE0ES:
percent percent
Service module: radiator 1 0.50 0.20 0.28 ho.o 0.93 0.93 0
thermal control coating
2 0.50 0.20 0.25 25.0 0.93 0.93 0
3 0.50 0,20 0.27 37.0 0.93 0.93 0
Service module: bay IV 1 0.50 0.25 0.37 48.0 0.86 0.88 2.3
outer shell
2 0.50 0.24 0.3L h2.0 0.86 0.88 2.3
3 0.50 0.24 0.4 67.0 0.86 0.87 1.1
Lunar module: thermal N/A 0.70 0.73 L.3 0.73 0.70 4.3
shield coating
Lunar module: glass Approximately 2 percent decrease In transmittance
Command module: thermal Sample was not retrieved
control tape

aSample 1 -~ located at top of radiator panel in line with minus 72 forward-firing thruster; sample 2 - located at top
of radiater panel but not in line with minus 2 forward-firing thruster; sample 3 - located at bottom of radiator panel
directly below sample 2.
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8.2 ELECTRICAL POWER

8.2.1 Fuel Cells

The fuel cells and radiators performed satisfactorily during pre-
launch operations and the mission. The fuel cells were activated 206
hours prior to launch and shared the spacecraft electrical loads with
ground support equipment until 2 hours prior to launch, when they as-
sumed the entire spacecraft electrical load.

After lift-off, the fuel cells had provided approximately L55 kWh
of energy at an average current of 21.5 amperes per fuel cell at an
average command module bus voltage of 29.3 V de. Bus voltages were
maintained between 28.1 and 30.4 V de during all mission phases when
fuel cell power was being used. The maximum deviation from egual load
sharing between fuel cells was an acceptable 2.5 amperes,

The thermal performance under a current lcad for fuel cells 1 and
3 was within the normal range throughout the flight. The condenser exit
temperature for fuel cell 2 was outside the nominal range during power-
up and power-down phases between 88 hours to 191 hours, as shown in fig-
ure 8.2-1. The minimum condenser exit temperature observed for fuel
cell 2 was 148° F at 110 hours with an average current of 15 amperes per
fuel cell; the maximum value observed was 184° F at approximately 147
hours with an average current of 27.8 amperes per fuel cell. These and
other excursions resulted in low and high caution and warning indications.
Fuel cell behavior during this period was very similar to that observed
during Apollo 7. The valve travel in the secondary coolant regenerator
bypass was restricted between approximately k4 percent and 10 percent by-
pass during the period from 88 to 191 hours; however, modulation was
achieved between these points (fig. 8.2-1). Fuel cell 2 condenser exit
temperature returned to ncormal operating limits after 191 hours under
relatively high current conditions. The corresponding bypass valve mod-
ulation was normal, between 8 and 19 percent. Section 17 contains a
detailed discussion of this anomaly.

Little or no performance increase followed hydrogen or oxygen purging
during the flight, indicating that high-purity reactants were being sup-
plied to the fuel cells from the cryogenic tanks.

Calculations based on total ampere-hours generated by the fuel cells
indicate a total consumption of 40 pounds of hydrogen and 316 pounds of
oxygen, not including purges. These quantities agree well with measured
cryogenic quantities and the estimated oxygen usage by the enviromnmental
control system. Based on total ampere-hours, the fuel cells produced
356 pounds of water during the mission.
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8.2.2 Batteries

The entry and pyrotechnic batteries performed satisfactorily in
support of mission requirements. A plot of bus A and B voltages during
the mission is shown in figure 8.2~2., Entry batteries A and B were fully
recharged just prior to lift-off. During flight, batteries A and B re-
ceived four recharges. The charging characteristics of battery B were
different from those anticipated. Each time battery B was recharged,
the established end cutoff current level of 0.4 ampere was reached before
a full battery recharge was achieved. Battery A responded as expected,
achieving the fully recharged condition prior to reaching the cutoff
current level.

Postflight testing showed that battery B had a higher internal re-
sistance than the majority of batteries of this configuration. To insure
a higher charge return on future missions, charging will proceed below
the formerly established 0.k ampere so long as & 39.5-volt level is not
exceeded and the charge return does not exceed 100 percent of the previous
discharge. Additionally, for Apcllo 11 and subsequent, the charger out-
put voltage has been raised significantly, such that a full charge will
be returned even though the impedance of individual batteries may 4differ
slightly. A plot of total ampere-hours remaining throughout the mission
is shown in figure 8.2-3. Battery C was not recharged after installation
in the spacecraft. Charging times were similar to charging times on
Apollo 8.
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8.3 CRYOGENIC STORAGE

The cryogenic storage system satisfactorily supplied reactants to
the fuel cells and metabolic oxygen to the environmental control system.
At launch, the total oxygen quantity was 614.2 pounds (125.5 pounds above
minimum requirements) and the total hydrogen quantity was 52.9 pounds
(7.6 pounds above the minimum requirements). Consumption from the system
was nominal during the flight.

The oxygen and hydrogen usage rate throughout the mission was as
predicted and corresponded to an average fuel-cell current of 67.3 amperes
and an average environmental control system oxygen flow rate of 0.35 1b/
hr.

During the flight, the hydrogen-tank automatic pressure control sys-
tem failed, and this anomaly is discussed in section 17. As a result of
this failure, the hydrogen system pressure was controlled with the fans
in a manual mode. This procedure caused no constraints to the mission.

Near the beginning of the fourth revolution, a caution and warning
alarm was actuated by a low-pressure indication at 228 psia for hydro-
gen tank 1. The allowable pressure range for the hydrogen system is
225 psia to 260 psiaj; therefore, it was concluded that the caution and
warning system was set too close to tank 1 lower limit. To prevent the
alarm from actuating during rest periods, one of two methods was used,
depending on which would allow the greatest length of time between alarms.
Either the pressure was allowed to decay to 190 psia and the fans in one
tank were turned on prior to the rest period, or the pressure was raised
to 270 psia and the fans were turned off in both tanks. When elther of
these procedures were used, the rise or decay rate was slow enough tc pre-
vent early awakening of the crew in all except the first rest pericd.
Because of the high fluid density at that time, the pressure decay rate
was greater than could be tolerated for the full rest period.

8.4 COMMUNICATIONS EQUIPMENT

The onboard equipment operated satisfactorily except for a malfunc-—
tion at 109 hours. During a 10-hour periocd following 109 hours, the space-
craft system would not process uplink command functions. The crew cycled
the up-telemetry command-reset switch and restored normal operation. See
section 17 for further discussion of this anomaly.
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The overall quality of the VHF voice communications was very good.
The VHF system was used as the primary ground-to-alr link for voice com-
munications, except over stations having only the S-band capability. The
VHF relay through S-band to the network during the extravehicular activi-
tiles was very good.

The crew reported some difficulty with voice communications between
the lunar module and the command module when using the voice-operated
transmitter (VOX) mode. The designed release times for VOX in the com-
mand module was 2.2 seconds and in the lunar module was 0.8 second. The
Commander, in the lunar module, was aware of an audible "click", which he
associated with the noise accompanying normal VOX dropout at the end of a
transmission. Assuming that all other conversation had ceased, the Com-
mander would speak. In a number of instances, the Command Module Pilol,
not having completed his transmission, would-also be speaking. The dual
transmission was accompanied by a loud high-pitched tone in the Command
Module Pilot's and Lunar Module Pilot's headset. The tone was not audi-
ble to the Commander. The VOX mode was a normal mode of operation for
extravehicular activity, but was not exercised extensively during simu-
lator training due to lack cf %trainer communications fidelity. A post-
flight check was made of the command module audic center release times
and these were found tc be within specification.

After landing, the swimmers were wnable to establish communications
with the crew through the swimmer interphone. Postflight testing of the
swimmers ' equipment has verified proper operation. During the recovery
operations, the spacecraft umbilical was severely damaged, preventing a
complete test of the circuits. The swimmers' wumbilical interphone is a
secondary requirement, with VHF being prime for the crew/swimmer communi-
cations link.

The fiight crew reported that use of the lightweight headset was

satisfactory. However, one microphone electrically failed after 2 days.
This anomaly is discussed in detail in section 17.

During the entire flight, the ILunar Module Pilot used a modified
version of the communications carrier adapter tubes (bare tubes inserted
into his ear canals), which effectively increases the volume by about
10 dB. He reported excellent results and was always able to operate at
lower volume control levels in both the command module and lunar module.
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8.5 INSTRUMENTATION

The instrumentation system, consisting of 315 operational measure-
ments, adequately supported the mission. ILunar module PCM data were
successfully transmitted to the command and service modules over the
VHF link for the first time. The data were recorded on the data storage
equipment and subsequently transmitted to the Manned Space Flight Network
using the S-band system. Instrumentation problems experienced during
the mission are discussed in the following paragraphs:

a. The onboard display of helium tank pressure failed at lift-off.
Postflight testing indicates that the malfunction was not located in the
command module and, therefore, could have been a falilure associated with
the service module measuring system.

b. The carbon dioxide partial pressure measurement experienced a
calibration shift before lift-off and was erratic during the flight.

c. During loading of the service propulsion fuel, several tank-
level sensors failed. Previous failures of similar sensors were attrib-
uted to instrumentation wiring failures caused by fracturing of glass
seals in the tank sensor tube assembly.

d. A bias error in the compensator network occurred on the oxidizer
storage tank messurement at tank crossover. At the time the sensor was
uncovered, a capacitance change occurred. This change resulted from the
sensor changing from wet to dry and caused a bias shift of 3 percent.

e. The oxygen flow rate measurement for fuel cell 3 erroneocusly in-
dicated a flow rate 6 percent greater than that for fuel cells 1 and 2.
This error may be attributed to a gain shift in the transducer amplifier.

f. The service propulsion system helium tank pressure measurement
exhibited approximately 3-percent noise during the flight. This has been
attributed to improperly shielded return wiring in the service module.
The existence of this condition was known prior to the flight.

g. The central timing equipment experienced a reset to zero at about
168 hours. This reset was attributed to electromagnetic interference and
had no effect on spacecraft operation.

h. The data storage equipment did not start recording when the up-
data link command reset switch was activated, approximately 30 seconds
prior to ignition, for the eighth service propulsion firing (deorbit
maneuver). The recorder did start approximately 20 seconds later when
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the forward command was sent through the updata link. Postflight exam-
ination and tests of the forward/off/rewind switech ‘showed the switch to

be operating properly. Alsoc, x-rays of the switch revealed no contamin-
ation.

i. The signal conditioning equipment was off for 0.0h4 second at
240:30:55. It is believed that this was due to inadvertent activation of
the signal conditioning equipment power switch.



8-22

8.6 GUIDANCE, NAVIGATION, AND CONTROL

Performance of the guidance and control systems was satisfactory
throughout the mission. Ascent phase monitoring functions were within
nominal limits except for a larger-than-expected error in the onboard
calculation of insertion apogee and perigee. The error was caused by
a prelaunch shift in the platform X-axis accelerometer bias. Control
system operation during command and service module separation, trans-
position, docking, and spacecraft/S-IVB separation was nominal, although
Y-axis translation capability was inhibited for a time by inadvertent
closure of propellant isolation valves.

The digital autopilot satisfactorily controlled the thrust vector
during the docked and undocked service propulsion firings. Two strok-
ing tests were performed in which the pitch gimbal of the service pro-
pulsion engine was oscillated in accordance with a preset profile, and
body-bending response data were obtained. Satisfactory attitude control
of both the docked and undocked configurations was demonstrated using
both the digital autopilot and the stabilization and control system.

The capability for optical alignment of the inertial reference sys-
tem in the docked configuration was adequately demonstrated,

Landmark tracking data for orbital navigation were obtained using
the yaw/roll control technique. Inflight stability of inertial-measure-
ment-unit components was satisfactory. The scanning telescope shaft
drive mechanism exhibited a tendency to stick intermittently during the
first 5 days of the mission. The cause has been identified as a press-
fit pin which came loose from a mechanical counter and interfered with
the gear train. The sextant, which is mechanically independent of the
telescope, operated properly.

A nominal entry was performed using the asutomatic modes for both
guidance and control, The entry monitor system performed properly when
monitoring service propulsion maneuvers and correctly shut down the en-
gine on the third firing. During entry, however, the stylus failed to
scribe properly, although performance of the acceleration/velocity drive
mechanism was correct, The scribing problem has been attributed to a
leak in the hermetic seal of the scroll assembly, which allowed the scroll
emulsion to harden during the period when the cabin was evacuated.

Detailed evaluation beyond the scope of those described in this doc-
ument, will be published as supplemental reports, as listed in appendix E.
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8.6.1 Mission~Related Performance

Launch and insertion.- The inertial measurement unit was released
from gyrocompassing and was fixed inertially at 1.07 seconds, after the
computer received and processed the lift-off discrete signal from the
launch-vehicle instrument unit. System monitoring parameters during the
ascent phase were nominal and representative of those on previous flights.
The orbital parameters calculated onboard and displayed to the crew at
insertion differed tc a greater extent than on previous missions from
those obtained from real-time ground trajectory determination. The on-
toard calculation was in error because of an incorrectly compensated
X~axls accelerometer bias, discussed in section 8.6.2. The respective
parameters were as follows:

Real-tinme Best
Onboard ground estimate
determination trajectory
Apogee, mi. . . . . 103.0 103.9 100.7
Perigee, mi. . . . 89.5 102.3 9.7

Separation from S-IVB.- Separation of the command and service mod-
ules from the S-IVB, the plus-¥ translastion, and the pitch-axis turn-
around maneuver were nominal. Figure 8.6-1 contains a composite of
spacecraft dynamic parameters during periods of Interest for which data
were available. Initial attempts at Y-axis translation were unsuccessful
because of inadvertent closure of propellant isolation valves. Fig-
ure 8.6-2 shows the sequence of control modes exercised during diagnosis
of the problem. The initial docking transients were small, as shown in
figure 8.6—1; however, oscillations of 1 deg/sec maximum at 0.95 Hz occur-
red for approximately 30 seconds in the pitch and yaw axes when the latch-
ing mechanism was activated. No dynamic analysis of spacecraft separation
can be performed because telemetry data are toc limited in the low-bit-
rate mode used at that time; however, the maneuver was reported to be as
expected.

Attitude reference system alignments.- The inertial mehsurement unit
wag optically aligned as shown in table 8.6-I. The star-angle difference
checks contained in the table indicate that docked alignments were as
accurate as those performed undocked. In one case, the platform was
aligned with the crewman optical alignment sight using backup alignment
computer programs (P53 and PS4). A subsequent alignment check made with
the sextant indicated approximate backup alignment errors as follows:

Axis Error, deg
X 0.073
Y 0.060

Z 0.085
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For the first time, the feasibility of using planets for alignments
was demonstrated using the planet Jupiter and the star Acrux. During
the first alignment attempt, an excessively large star-angle difference
was displayed because of an error in extrapolating the planet vectors,
which are inserted manually into the computer. These vectors are pro-
vided to the crew in tables containing an entry approximately every
50 hours. The computer uses this information in the planet/star angle
computation. The second alignment attempt was satisfactory and resulted
in very small torquing angles, although a larger-than-normal star-angle
difference was again measured. This difference could have been the re-
sult of small errors in the vector extrapolaticns or the error caused by
inability to determine the center of the planet in the sextant. The
small gyro-torquing angles indicate that the error was in the planet
vector,

Translstion maneuvers.- The significant guidance and control param-
eters for the eight service propulsion firings are contained in
table 8.6-II. Five of the eight firings were performed in the docked
configuration, and all but the third were under exclusive control of the
digital autopilot. The third firing was started under digital autopilot
control, but manual takeover capability was exercised after 3 minutes
55 seconds of the firing. The maneuver was completed under manual thrust
vector control through the stabilization and control system with rate
damping. Cutoff was controlled by the entry monitor system velocity
counter,

Figures 8.6-3 to 8.6-7 contain time histories of spacecraft dynamic
parameters for the docked maneuvers. Figures 8.6-8 to 8.6-10 contain
similar histories for the undocked maneuvers and, with table 8,6-II, show
that gimbal trim estimations for the service propulsion engine were very
accurate in each case. The largest mistrim noted was 0.20 degree during
the seventh maneuver. The steady-state differential clutch current of
the engine-gimbal pitch actuator increased steadily with firing time
through the mission. The change was caused by an increasing lateral
thrust component on the engine skirt as a result of uneven ablator erosion.
The net effect was an offset between the commanded and actual gimbal
position proportional to the side force and increasing to 0.3 degree by
the end of the mission. The thrust component equivalent to a 0.3-degree
offset, which corresponds to 105 milliamperes of differential current,
is approximately 420 pounds. The differential current is discussed fur-
ther in section 8.6.3. The steady-state gimbal-position offset results
in an effective mistrim at ignition; before ignition, there is no side
force and therefore no offset. An attempt to account for the offset by
biasing the pre-firing trim value for the deorbit maneuver proved unde-
sirable in that an effective attitude error was introduced when the auto-
pilot commanded the ignition attitude. The attitude control loop of the
autopilot is much slower than the gimbal trim loop; therefore, a slight
degradation in system performance cccurred. However, this is not a prob-
lem to the control system,
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The ability of the digital autopilot to control docked firings was
thoroughly demonstrated over a wide range of propellant lecadings and
spacecraft weights. The vehicle weights varied as follows:

Weight, 1b
Service propulsion
firing Command and service Lunar module Total
modules
1 59 012 32 031 91 0k3
2 58 603 32 031 90 63k
3 51 213 32 031 83 2kl
L 32 487 32 031 64 518
5 31 438 21 933 52 371

The manual takeover during the third maneuver was performed smoothly,
as shown in figure 8.6-11. The only noticeable transient occurred about
the roll axis. The spacecraft was riding the edge of the digital auto-
pilot 5-~degree roll attitude deadband at takeover. The stabilization
and control system deadband was set to 0.2 degree. Therefore, at switch-
over, an approximate S5-degree attitude change occurred. Cutoff was
accurately controlled by the entry monitor system.

Figures 8.6-12 to 8.6-19 show time histories of velocity to be
gained in each body axis for all firings. The only velocity residual of
significance occurred in the fifth maneuver when 11.5 ft/sec remained in
the Y-axis. Prior to flight, residuals of this order had been predicted
as a result of the low vehicle weight and the low gain of the digital
autopilot during this maneuver, combined with a rapidly moving center of
mass,

The entry monitor system velocity counter was initialized to monitor
all maneuvers. The post-firing residuals were very low in each case, as
shown in table 8.6-II,

Stroking tests.- Stroking tests were performed during the second
and third service propulsion firings. These tests were designed to
obtain inflight data on structural bending and control system perform-
ance for possible digital autopilot improvements. The engine gimbal was
commanded to cscillate about the pitch axis in accordance with a stored
program designed to induce a constant energy level across the frequency
band of interest. The commanded wave form was triangular with a maximum
amplitude of 1.12 degrees. Figures 8,6-20 and 8.6-21 are expanded time
histories of spacecraft dynamics during the two stroking tests. The
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first test was performed at LO-percent amplitude to allow examination of
the response at this level hefore proceeding with the second test. There
was no detectable response in the rate data. However, the engine gimbal
response was proper, and the characteristic rigid body response was de-
tectable in vehicle attitude. For a fully loaded vehicle at LO-percent
amplitude stroking, preflight simulations predicted a peak-to-peak bend-
ing response of 0.32 deg/sec, which would have been above the rate-gyro
threshold and telemetry gquantization. Hence, the lack of any detectable
bending response during the 4O-percent amplitude test gave confidence in
proceeding with the second test at full amplitude.

The full amplitude test was ilnitiated approximately 60 seconds after
ignition (fig. 8.6-21). Preflight analyses and simulations had predicted
an actual peak-to-peak bending cscillation in the rate data ranging from
0.2 to 0.5 deg/sec, depending on the value assumed for the structural
damping factor. The observed rate was approximately 0.1 deg/sec. This
comparison may be misleading, because the amplitudes are so small that
the quality of the rate information is most likely masked by small signal
nonlinearities. However, by compensating for all known telemetry effects,
the rate response amplitude is still expected to be smaller than pre-
flight predictions, which implies the actual control system stability
margins are larger than predicted. This preliminary conclusion will be
confirmed by further reduction and analysis of the data and be reported
in a supplemental report.

Attitude control.- The ability of the digital autopilct and the
stabilization and control system to provide all required attitude con-
trol functions in the docked configuration was thoroughly demonstrated.

Figure 8.6-22 contains the desired and actual platform gimbal angles
during a representative automatic digital-autopilot attitude maneuver.
Figure 8.6-23 is a representative phase-plane plot for the pitch axis
prior to a service propulsion engine firing. This figure shows attitude-
hold performance in coasting flight, as well as during a period of plus-X
translation. The buildup of a negative 0.62-degree attitude error exper-
ienced during the translation is the normal result of a disturbance
torque resulting from a center-of-gravity offset.

An extensive search was made of the available data for evidence of
the body bending reported by the crew when thrusters were fired. Only
two occurrences were found, and in both cases the oscillation amplitudes
were less than 0.05 deg/sec peak-to-peak at a frequency of approximately
3.5 Hz. These oscillations were cf the same order as those produced dur-
ing the gimbal drive test, as shown in figure 8.6-2h.

The reported tendency of the spacecraft to seek an in-plane attitude
is to be expected in earth orbit. The approximate predicted torgue from
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acrodynamic drag for the docked spacecraft is 2 ft-1b at 100 miles alti-
tude with the X-axis oriented out-of-plane. The corresponding torque on
the command and service meodule under similar circumstances would be

0.5 ft-1b.

Orbital navigation.- Onboard orbital navigation techniques using
the landmark tracking program (P22) were exercised four times while the
spacecraft were undocked (table 8.6-ITI). The yaw/roll technique with
the spacecraft oriented out-of-plane was utilized throughout each exer-
cise and was proved feasible.

A problem with the telescope drive impeded landmark acquisition dur-
ing the first attempt (see section 17 for further discussion)}. There-
after, the landmark was acquired successfully with the telescope and then
tracked with the sextant. Automatic positioning of the optics was util-
ized, and the optics drive capability was satisfactory. The relatively
high spacecraft body rates required in earth orbit caused the computer to
generate program alarms {(no. 121) during the first two tracking attempts.
This alarm is produced during marking operations when the difference
between successive samplings of gimbal angles is larger than a programmed
value. The check was intended to guard against transients in the coupl-
ing data unit by inhibiting the affected mark data from being used in the
state-vector update process. After the alarm was inhibited by an erase-
able memory change, no further problems were encountered.

The navigation weighting matrix was initialized to correct landmark
data. These tracking data were not used to update the onboard state
vector. The evaluation of tracking data accuracy will be presented in a
supplemental report.

The rendezvous navigation program (P20) was utilized to position the
spacecraft and optics for acquisition and tracking the lunar module ascent
stage late in the mission. The range at the first sighting was 2700 miles,
and six marks were taken.

Figure 8.6-25 contains a comparison of the onboard state vector with
that derived postflight using precision orbital integration over a 9-hour
period. The results indicate that the onboard state vector degrades in
position and velocity, as expected, at rates of approximately 10 000 ft/hr
and 10 ft/sec/hr, respectively.

Entry .- The planned velocity and flight-path angle at the entry inter-
face were 25 895 ft/sec and minus 1.76 degrees, respectively, and the com-
puter calculated values of 25 893 ft/sec and minus 1.76 degrees. These
entry parameters compare favorably with the interface conditions obtained
from the best-estimated radar vector following the decrbit maneuver., Alti-
tude and range during entry are shown in figure 8.6-26.
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The spacecraft reached the entry interface with the initial roll
guidance program operating and the computer indicating an inertial range
of 1835 miles to landing. The spacecraft was manually held at the entry
trim conditions (29-degree window mark) predicted for the 0.05g level
until the computer switched to the post-0.05g program. After 0.05g, the
spacecraft was rate-damped in pitch and yaw, and the digital autcpilot
controlled the lift vector during the remainder of entry., Figure 8.6-27
contains the spacecraft dynamic history during entry, and all responses
were nominal.

The computer sensed 0.2g st 240:47:22 and changed to the FINAL PHASE
program. The crew conducted a systems check by comparing the displayed
dowvnrange error with the ground predicted value after the computer changed
to the final phase. The difference was approximately 1k miles, well with-
in the 100-mile tolerance for downrange error. Calculated roll commands
from the guidance computer terminated at 240:53:55.

The bank angle commands calculated by the onboard computer and re-
constructed from the accelercmeter data are presented in figure 8.6-28
as functions of time. Comparison of the two curves indicates the com-
mands computed onboard were proper. The slight deviation of the recon-
structed commands is caused by an accumulation of errors in the trajectory
simulation.

A summary of landing point data is shown in figure 8.6-29. The com-
puter display indicated an overshoot of 2.9 miles at 67.97 degrees west
longitude and 23.22 degrees north latitude. The estimate of the landing
point determined by the recovery forces was 67.94 degrees west longitude
and 23.21 degrees north latitude, indicating an overshoot of L4 miles.
Adequate tracking data were not obtained after communications blackout,
and no absolute navigation accuracy can be determined. However, a recon-
structed trajectory has been produced by applying estimated platform
errors to the accelerometer data (table 8§.6=-IV). The trajectory from the
corrected accelerometer data indicates a landing at 67.98 degrees west
longitude and 23.23 degrees north latitude. The comparison with the com-
puter data shows a downrange navigation error at guidance termination
of approximately 0.7 mile, which is within the l-sigma landing accuracy
predicted before the mission.

8.6.2 (uidance and Navigation System Performance
Inertial subsystem.- Inflight performance of all inertial components

was excellent. All system voltages and the accelerometer temperature
measurement remained stable.

The inertial component preflight test history is summarized in
table 8.6-V. The values selected for computer compensation are also
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shown. The ascent phase velocity comparisons with the S-IVB data

(fig. 8.6-30) indicate the l.l-cm/sec X-axis accelerometer bias error
which caused the insertion apogee and perigee errcrs mentioned previous-
ly. Although a reference-matrix initislization error, similar to that
seen in Apollo 8, precludes an accurate quick-look determination of all
the error coefficients, the dominant contribution to the X- and Z-axis
error propagation was the X-axis accelerometer bias errocr. The linear
propagation error shown in the X-axis was a direet effect. The charac-
teristic acceleration-sensitive propagation history seen in the Z-axis
was an indirect effect resulting from a bias-induced misalignment about
the Y-axis during prelaunch gyrocompassing. The latter effect indicates
that a bias shift occurred prior to lift-off but after the final perform-
ance test 5 days before launch. Figure 8.6-31 contains a history of the
X-axis accelerometer bias for the 12 months before flight. The last four
data points show evidence of a negative trend, which apparently continued
to the final inflight value of minus 0.53 em/sec/sec. The cause of this
shift is not known, but the instrument remained stable at the new value
throughout the mission. Figures 8.6-32 and 8.6-33 show the values of
accelerometer bias and gyrc drift measured inflight.

Optical subsystem.- Performance of the scanning telescope and the
sextant in the docked configuration was thoroughly demonstrated. Al-
though the usable field of view of both instruments was restricted, as
expected, by the lunar mcdule, the remaining field proved sufficient
for all earth orbital operational reguirements. A partially successful
star visibility test was performed at sunrise by counting the number of
stars visible in the telescope field of view. With the shaft and trun-
nion positioned at 180 and 12 degrees, respectively, to provide a clear
field of view, 19 stars were counted, representing a threshold star mag-
nitude of plus 2.9. Five minutes after sunrise, reflected earth light
from the steerable S-band antenna washed out all stars in the field of
view. Spacecraft attitude data during this period are not available,
therefore, the results cannot be extrapolated to lunar mission cpera-
tional capability. If the visibility proves to be marginal (plus 4.0
magnitude is desirable for constellation recognition) and platform ori-
entation is required, the use of the sun, moon, and planets may be neces-
sary in cislunar operations.

Intermittent hang-ups in the telescope-shaft drive mechanism occur-
red during the first 5 days of the mission. The problem was caused by
a press—-fit pin which came loose from a mechanical counter and obstructed
the drive mechanism (see section 17 for further discussion). The problem
was not encountered after the fifth day. The sextant and telescope are
mechanically independent; therefore, the sextant was unaffected and re-
mained fully operational. The optics deadband or drift was reported to
have increased late in the missicn. The allowable drift in the manual
mode is 50 arc-sec/sec in trunnion and 120 arc-sec/sec in shaft. The
crew estimate (observed postflight) was 30 arc-sec/sec and is well within
the required tolerance.
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The diastimeter was used to measure range to the lunar module dur-
ing the final stages of rendezvous and wasg reported to have operated
gatisfactorily. The diastimeter was also used to ldentify and view the
satellite Pegasus on two occasions. A discussion of the diastimeter is
contained in section 5.3.

Computer.- The computer performed all the necessary guidance, navi=-
gation, and control functions required. There were seven restarts and
five program alarms recorded during the flight. All restarts were normal
and occurred when the computer was changed from the standby to the operate
mode., The program alarms noted in the available data and flight logs are
listed in the following table., These alarms were assoclated with proced-
ural techniques and did not represent equipment malfunctions. The times
shown are for one case of what might have been several alarm occurrences.

Alarm Time
Cause Program \

code hr:min:sec

Lo5 Two stars not available P52 2k :38:27

121 Coupling data unit not good P22 1k2:59:32
at time of mark

114 Optics mark made but not de- P22 143:00:12
sired

421 Weighting matrix overflow (data not available)

212 Accelerometer fail indica- POO 237:27:26

tion (accelerometer not
being used)

In addition to the restarts and alarms, two problems inveolved entry
of data into the computer by the crew (see section 17).

The programs used by the computer during the mission are shown in
table 8.6-VI. The computer update program (P27) was used numerous times
with no recorded rejections of the ground commands by the computer. No
clock updates were needed during the mission, and several erasable memory
dumps were performed to facilitate the verification of ground analyses.

8.6.3 Stabilization and Control System Performance

All attitude and translation control modes were satisfactorily demon-
strated. The gradual Increase in differential clutch current with engine
firing time was to be expected. The increase experienced and comparisons
with the specification values and those computed from actual engine life
tests are shown in table 8,6-VII.
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8.6.4 Entry Monitor System Performance

Entry monitor system performance during the orbital portion of
flight was better than expected. The accelerometer bias measured by the
crew was 0.2 to 0.3 ft/sec over 100 seconds, compared with the 10 ft/sec
allowed over this time interval. The maneuver monitoring performance was
nominal, as shown in table 8.6-II. The only discrepancy concerned the
entry scroll, which did not scribe properly (see section i7). However,
markings on the scroll indicate that the proper acceleration and velocity
computations were performed by the unit.



TABLE 8.6-I.- PLATFORM ALIGNMENT SUMMARY

Time, | Progran Gyro torg:;ng engle, Star angle | Cyro drift, mERU h
nremin | option® Star used 31 ffzzznce, - - - Comments
b4 Y A .
~0:39 3 +0.116 | -0.032 | ~0.108
+5:18 1 +0.153| +0.333 | -0.638
§:24 3 1% Canopus; 16 Procyon +0.110 | +0.002 | -0.108} 000.01 ~2.36| -0.04 1 02.32
22:33 1 +0.701| -0.295 | -1.010
2k :28 1 & Acamar; T Menkar +0.232 | -0.473] -0.841( o000.00
22 Regulus; 2k Gicnah 000.00
2h:51 1 +0.006 | +0.010 | -0.022 ~1,04] +1.75 | -3.80
27:28 1 +0.298 | -0.374 | -0.649
53:18 1 +0.420| +0.0kL4 { -0.637
90:31 1 +1.097 [ -0.363 | 40.193
93:14 3 +0.127| +0.035 | -0.109 +2.9 | +8.7 | -2.7
9k 57 3 +0.083| +0.008 | —0.034 +3.2 [ +0.3 | -1.3
120:23 1 33 Mntares; 42 Peacock +0.1191 -1.277 | +0.503
12h:32 2 +1.883( -0.815 | +1.616
146:50 2 +0.630| +0.557{ -0.093
1hz:27 2 -0.282} -0.657 | -0.059
4524 3 +0.011 ] -0.015 | +0.000| 000.04 Jupiter alignment
146:27 3 +0.100| -0.050 | +0.006 +6.3 | -3.2 | +0.% |Daylight aligrment
167:33 2 -1.322| +1.073 | -0.655
187:12 3 -0.080 | -0.013 | +0.183 Program 54 with crewmsn optical alignment sight
187:19 3 +0.073| +0.060 | -0.084| 000,01
187:24 3 +0.003| -0.025 | +0.002| 000.01
187:31 3 -0.070 | +0.169| -0.133| 000.05 Program 52 with scanning telescope; nc torgue
188:30 2 +0.827 | +0.008 | +1.792| 000.00
188:35 2 -0.000| -0.059 ) -0.033
191:21 H —-0.232 } +0.509 | -0.011
212:52 2 +0.504 | +0.193 | +1.038| 000.00
215:40 3 +0.134 | =0.017 | -0.105
217:25 3 +0.072 | +0.007 | ~0.0L8 +3.2 | +0.25 | -2.1
235:33 2 —0.128| -0.781 | +0.917| 000.00
237:05 1 -0.395| -0.223{ +0.534
238:31 +0.039 | -0.018| —0.069| 000.00 +1.9 | -0.86 | -3.3
*] - Preferred; 2 - Normel; 3 - REFSMMAT.

A %]
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TABLE 8.6-I1.- GUIDANCE AND CONTROL MANEUVER SUMMARY
Service propulsion maneuver
Condition
First Second Third Fourth Fifth Sixth Seventh Eignth
Time
Ignition, hrimin:sec 5:59:01.07 | 22:12:04.07 | 25:17:39.27 | 28:2k:b1.37 | 5h:26:12.27 | 123:25:06.97 [169:39:00.36 | 240:31:1k. 64
Cutoff, hr:omir:sec 5:59:06.30 | 22:13:5k.36 | 25:22:19.15 | 28:25:09.2h | 54:26:55.53 [123:25:08.40 | 169:39:25.26 | 2u0:31:26.58
Duration, sec 9.23 190.29 279.88 27.87 43,26 1.43 24.90 n.fk
Velocity*, ft/sec**
X -17.05 +396.22 +1387. 49 +165.29 +411.24 +10.10 +271.91 +156.48
(-18.16) (+396.03) (+1387.9%) (+167.%} (+418.11) {+10.37) (+270.66; (+156.07}
Y aftertrin -31.31 -191,17 -290.k2 -0.10 +359.92 -33.46 -ls0.35 -z22.20
(-32.30) (-191.65) (-287.59) (-%.06) (+350,6¢) {-34.33) (~b49.87) {-220.02)
Z -8.07 ~727.87 ~21k1.25 -250.85 -176.61 +13.58 -389.57 +180.7¢
(-8.28) (-727.88) {-21kk4 .60} (-245.99) (-177.1¢) {+1k.78) (-388.84) (+179.53)
Velocity residual, ft/sec
x +1.5 -0.2 2.7 +0.2 +1.9 +1.1 -1. -1.h
Y +0.4 +0.6 -2.1 +3.4 +11.1 -0.3 -c.8 +1.0
z -0.3 +0.2 -0.2 +3.1 +3.% -0.3 -0.3 —2.4
Entry monitor counter 0.0 0.0 -0,1 0.0 -2.0 +1.5 =13 -1.5
Engine gimbal position, deg
Initial
Pitch +1.02 +1,02 +1,19 +1.55 +1.11 -0.81 -0.81 -C.53
Yaw -0,22 -0.22 -0.17 -0.64 -0.97 -1.07 -1.03 -0.86
Maxipum excursion
Piteh +0.35 +0.31 +0.35 +0.27 +0.3% +0.26 +0.68 -g.21
Yaw -0.47 ~0.39 -0.38 ~0.38 -0.51 -0.3b -06.30 +3.36
Bteady-state
Pitch +1.11 +1.11 +1.37 +1.73 +1.2k N8 -C.77 -C.ok
Yaw -0.30 -0.26 -0.22 -0.73 -0.77 /L -G.81 -0.80
Cutoff
Pitch +1.06 +1.42 +1.64 +1.55 +1.28 -0.77 -G.6k -0.60
Yaw -0.17 =0.26 ~0.6L ~0.6L -0.64 -C.73 -0.94 -0.9L
Maximum rate excursion,deg/sec
Pitch -0.05 +0.12 +0.12 -0.h4 +0.40 -0.25 +0.568 -1.07
Yaw -0.04 +0.08 +0.08 +0.2k +0.47 +1.03 +1.18 +1.46
Roll +0.05 +0.0h ~0.10 0.00 ~0.40 ~0.h4 -2.00 -0.14
Maximum attitude error, deg
Pitch -0.23 +2.79 +3.1h -1.86 +3.92 -0.36 Negligible -1.38
Yaw -0.35 +1.28 -4.35 +0.40 =5.0®n +3.24 +1.62 +0.68
Roll ~0.37 -5.0%Es —5.0%%¥ -2.30 =5 .0%x -0.59 -5.0%% -L.23

*Yelocity in earth centered inertisl coordipates.

#¥Yalyues in parentheses are tie desired values.

*¥#8aturated.

NOTE: All maneuvers performed under digital autcopileot

thrust vector control.




TABLE 8.6-III.- LANDMARK TRACKING SUMMARY

Time, Landmark Number Tracking
: . Remarks
hr:min of marks optics mode
No. Name

125:32 | 011 Guaymas, 0 Scanning telescope hung. Program alarm 121%.
Mexico

143:02 | 021  Corpus Christi, 5 Manual resolved | Scanning telescope hung. Program alarm 121%.
Texas Tracked with sextant.

143:20 207 Punta Dumford, 5 Manual resolved | Took marks early. Auto optics good. Roll
Spanish Sshara rate was 0.6 deg/sec. Scanning telescope

and sextant operated well,

144;35 | 010 Punta Yoyameko, 3 Manual resolved | Auto optiecs used. Took 3 marks with sextant.

Mexico Did not proceed out of FL51 {Please Mark).
Program alarm 121%,

1k4:50 | 212 Point Hunier, 2 Manual resolved | Tracked with sextant, Cloud cover. Program
Guinea alarm 121%*, Roll rate toc high.

195:26 | 006 Point Lo-ma, 5 Manual resolved | Program alarm 121 inhibited. Good marks with
San Diego, sextant.
California

195:39 | 130 Guarico Dam, 5 Manual resolved | Good marks with scanning telescope.
Venezuela

218:03 Q05 Santa Catalina, 0 Manual resolved Cloud cover; no landmark acquisition.
California

218:10 | 065 Tortue Island, 0 Manual resolved | Cloud cover. Took 5 marks on wrong landmark.

Haiti

*Coupling display units not good at time of mark.

e =8



TABLE 8.6-IV.~ ENTRY NAVIGATTON

Best-estimated

Parameter Onboard computer Reconstruction

trajectory
Altitude of L0O 275 feet {240 :4L:09)
X position, Tt . 20 839 259 20 B39 Lk 20 839 713
Y position, ft . 13 gh2 13 962 13 938
7 position, ft . . b 433 772 4 k33 Th3 L L33 539
X velocity, ft/sec . -6165.1 -61464.3 -6163.5
Y velocity, ft/sec . . 25.5 25.5 25.5
Z velocity, ft/sec . 25 148.5 25 148,5 25 148.3
Program 64 (2L0:46:37)
X position, ft . 19 6L1 215 19 641 536 19 6k1 916
Y position, ft . 17 786 17 832 17 815
7 position, Tt . T 968 923 7 968 898 7 968 679
X velocity, ft/sec . -10 L26 -10 L2k -10 Lok
Y velocity, ft/sec . 27.2 27.2 27.2
7 velocity, ft/sec . 23 801.9 23 802.1 23 802.0
Program 67 (240:47:19)
X position, ft . 19 179 369 19 179 The 19 180 158
Y position, ft . 18 832 18 902 18 887
Z positien, ft . 8 956 091 8 956 067 8 955 8L6
X velocity, ft/sec . -11 538.9 -11 537.7 =11 536.7
Y velocity, ft/sec . 22,0 22.0 22.0
Z velocity, ft/sec . 23 170.6 23 170.8 23 170.7
Guidance termination (2L40:53:5L)

X position, ft . 15 Los 736 15 Lot 773 15 408 587
Y position, ft . -56 302 -56 260 -56 270
7 position, ft . 14 242 08k 14 242 463 14 2Lh2 193

X velocity, ft/sec . -1003.6% -1001.6%
-1878.9 -1875.8

Y velocity, ft/sec . 111, 3% 111.4%
-ho2.9 -hg2.g

Z velocity, ft/sec . 121.3% 123.6%
1065.8 1067.8

#Relative velocity components.
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TABLE 8.6-V.- INERTIAL COMPONENT PREFLIGHT HISTORY - COMMAND MODULE

Error Sample Standard No., of Counitdown Flight
mean deviation samples value load
Accelerometers
X - Scale factor error, ppm . . . . . -141.000 15.519 5 -1ko -140
Bias, Cm/sec2 e e e e e 0.490 0.197 5 +0.25 +0.6L
Y - Scale factor error, Ppm . . . . . -298.400 150.219 5 -456 -330
Bias, cm/sec2 e e e e e e -0.211 0.164 5 -0.19 -0.10
Z - Scale factor error, ppm . . . . . -239.000 31.336 -205 -280
Bias, emfsect L ... ... 0.443 0.076 5 +0.34 +0. LY
Gyroscopes
X - Null bias drift, mERU ., . . . . . 0.656 2.137 10 l.2 +2.4
Acceleration drift, spin reference
axis, mFRU/g . . . . . . . . . 6.179 2.031 5 5.7 +7.0
Acceleration érift, input
axis, mERU/g . . . « . « . . . 6.528 3.163 7 2.3 +5.0
Acceleration drift, output
axis, mERU/g . . . . . « . . . 2.2 N/A
¥ - Null bias drift, mERU . . . . . . -1.089 1.724 10 -0.2 +0.0
Acceleration drift, spin reference
axis, mERU/g . . . . . « « . . 7.585 5.279 T 11.8 15,0
Acceleration drift, input
axis, mERU/E + « + + 4 « . + . 3.439 2.651 5 0.9 +8.0
Acceleration drift, output
axis, mERU/g . . +« « v « 4 . . 0.7 N/A
Z - Null bias drift, mERU . . . . . . 1.5k 1.561 8 0.15 +2.4
Acceleration drift, spin reference
axis, mERU/g . . . . . . . . . -2.880 3.497 5 -5.5 -k.0
Acceleration drift, input
axis, mERU/g . . . . . . . . . -11.039 8,454 5 -0.9 -18.0
Acceleration drift, output
axis, mERU/g . . . . . . . 2.4 N/A




TABLE 8.6-VI.- COMMAND MODULE COMPUTER PROGRAMS

No. Description

POO Command module computer idling

P06 | Computer power down

P11l | Earth-orbit insertion monitor

P20 Rendezvous navigation

P21 Ground track determination

P22 | Orbital navigation

P27 Computer update

P30 External delta V

P34k | Transfer phase initiation

P35 | Transfer phase (midcourse)

FLO Service propulsion system

P4l | Reaction control system

P47 | Thrust monitor

P51 Platform orientation determination

bs52 Platform realign

P53 Backup pletform orientation determirnation

P54 | Backup platform realign

P61 | Maneuver to command module service module
separation attitude

P62 Command module/service module separation
and pre-entry maneuver

P63 | Entry initialization

P64 | Post 0.05g-entry

P6T | Final phase-entry

P76 | Target delta V

8-37
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TABLE 8.6-VII.~ SERVICE PROPULSION SYSTEM DIFFERENTTIAL CLUTCH

CURRENTS AND LATERAL THRUST COMPONENTS, PITCH AXIS

Firing time, Clutch current Offset Lateral thrust componhent, 1b
sec at shutdown, angle,
(accumulated) mA deg Actual Specification
2.3 -30 -0.17 120 <250
115.6 -56 -0.12 22k <250
395.5 ~56 -0.15 22k <250
4ozl -l -0.28 376 <450
Lé6.T -88 -0.2h 362 <hs0
468.1 N/A N/A N/A <450
hg3.0 -88 -0.28 362 <50

504.7
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Figure 8.6-11. - Spacecraft dynamics during manual thrust vector control.
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Figure 8.6-12.- Velocity to be gained during first
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8-7h

Bias, cmlfsec2

-0.5

-0.6

NASA-5-69-2012

~d o

P X-Txla = 7 4

-0.1

-0.2

T~

-0.3

-0.4

1

Y -axis

g T [

0.5

0.4 21

Z-axis

ved Ry

0.3

o8

O~ ) e ke,

60 80 100 120 140 160 180
Time, hr

Figure 8.6-32. - Measured bias of command module accelerameters.




NASA-S5-69-2013

Gyro drift, mERU

-4

29 n
o
"] i
O"/ X-axis
[ —_
hﬁ__‘h_‘“-
% 4
Y -axis \f
__(& Z-axis
,1_—-"‘ g
<
20 40 60 80 100 120 140 160 180 200 220 240

Time, hr

Figure 8.6-33.- Calculated bias drift or command module gyros.

260

¢L-g



8.7 REACTION CONTROL SYSTEMS

The service module and command module reaction control systems per-
formed nominally.

8.7.1 Service Module

The helium pressurization components of the service module reaction
control system maintained the helium and propellant manifold pressures
within nominal limits. During the command and service module transposi-
tion and docking maneuvers prior to lunar module docking and extraction,
the crew were unable to translate along the Y axis. The indicators for
tine primary and secondary propellant isolation valves on quad C and the
secondary isolation valves on quad D were in the closed position. Tem~
perature data indicate that the four valves on quad C were closed; how-
ever, it cannot be determined whether one or both secondary valves on
quad D were closed. The isclation valves were opened and the docking
maneuver was completed successfully. The valves remained open during the
remsinder of the mission., A discussion of this discrepancy is contained
in section 17.

During the time that the quad C isolation valves were closed, high
thruster activity was required from quad A. This resulted in a high pack-
age temperature on quad A which consequently triggered the caution and
warning light. However, as shown in figure 8.7-1, the upper temperature
limit of 210° F was not reached. During times of lesser thruster activity,
the primary quad heaters maintained the package temperatures between 119°
and 141° F,

A total of T90 pounds of propellant was used. The actual consumption
fer all quads is compared with the preflight predicted values, as corrected
for flight plan changes, in figure 8.7-2. The total propellant consumption
was 192 pounds more than predicted, partly because of the quad C isolation
vaives being closed but largely because of the exclusive use of the auto-
pilot, rather than the minimum impulse mode, as indicated in section 5.3.2,
during the rendezvous. With these exceptions, the actual usage rates
approximated the predicted usage. A comparison of ground calculations of
propellant remaining with the onboard gage readings is shown in figure
8.7-3. The telemetered gage readings have been corrected for end-point-
error and converted from percent remaining to weight of propellant expended.

w?
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8.7.2 Command Module

Entry was accomplished using only system 1 of the command module re-
action control system, with the exception of the first 14 seconds after
command module/service module separation. Both manual and automatic con-
trol were used during entry. As indicated in figure 8.7-U, approximately
27.5 pounds of propellant was used from system 1 during entry as compared
to 30 pounds predicted. The overshoot noted in three places in figure
8.7-4 results from the inability to directly measure helium bulk tempera-
ture, which together with pressure is the means of calculating propellant
quantity. The temperature parameter used is helium-bottle skin tempera-
ture, which is subject to transient thermal effects and is most notable
at the higher usage rates. The inherent error of this method is not large
and is acceptable for system evaluation purposes. The remainder of the
propellant and helium was expended during the depletion and purging oper-
ations.
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8.8 SERVICE PROPULSION

System operation was satisfactory for the eight service propulsion
firings. Ignition times and firing durations are shown in table T-III
of the trajectory section with the only discrepancy occurring with the
propellant utilization and gaging system.

The duration of the longest firing, the third maneuver, was 273.9
seconds. The first three firings had ignition sequences in which a
translation maneuver with the service module reaction control system was
not required to effect propellant settling since the storage tanks still
contained propellants. The remaining firings were preceded by a plus-X
translation. The total firing time for the eight firings was sapproxi-
mately 505 seconds.

The fifth service propulsion firing followed a docked lunar module
descent engine firing of approximately 372 seconds. Preflight analyses
had indicated that when a descent engine firing was performed with the
spacecraft docked, a negative acceleration greater than 0.1 ft/sec? would
result and could cause depletion of the propellant captured by the retain-
ing screens. Although the retention reservoir would still remain full,
some helium could be trapped and ingested into the engine during a subse-
quent service propulsion firing. However, after the docked descent en-
gine firing, all service propulsion firings were normal and smocth, in-
dicating that no significant quantity of helium had been ingested.

The measured steady-state pressures during the first seven firings
are presented in table 8.8-I. These pressures indicate essentially nom-
inal performance, although the oxidizer interface pressures were approx-
imately 3 psi less than expected. A performance analysis of the second
firing indicates nominal operation, with the specific impulse being with-
in expected tolerances. Analyses also indicate that the mixture ratio
was somewhat less than expected, which correlates with the reduced oxi-
dizer interface pressures. Transient performance during all starts and
shutdowns was within nominal limits.

The propellant utilization and gaging system operated normally dur-
ing preflight propellant loading; however, during ground checkout, fuel
point sensors 3, 8, and 15 gave failed indications. The stillwell pro-
peliant levels during the first firing and the first 25 seconds of the
second and third firings were not stabilized and gave inaccurate propel-
lant quantity readings, which resulted in erroneous unbalance meter in-
dications and caution and warning light activations., The excessive
stabilization time is attributed to stillwell capillary effects, which
were more significant than on previous flights because of the increased
spacecraft weight and associated lower acceleration levels; also the
propellant-settling maneuver was not used.
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Immediately following oxidizer storage tank depietion during the
third maneuver, an excessive unbalance was indicated in the oxidizer-to-
fuel ratio, and five warning light activations occurred. To verify the
unbalance, the gaging system was switched from the normal to the amxiliary
mode. The indicated unbalance remained within acceptable limits for a
significant period of time, but then increased again, causing another
warning light activation. When the gaging system was returned to the
normal mode, the warning light was again activated.

Because this behavior was unexplained, the gaging system was deactiv-
ated for the fourth, fifth, and sixth firings. After a self-test indica-
ted satisfactory operation of servo loops and the warning system, the
gaging circuit was reactivated for the seventh firing. The actual un-
balance gt the end of the seventh firing was calculated from telemetry
data to be approximately 2.2 percent {530 1lbs) more oxidizer than fuel,
confirming & lower-than-nominal average mixture ratio for the first seven
firings.

Figure 8.8-1 shows the telemetered gaging system data for oxidizer
and fuel during the third firing end figure 8.8-2 shows the indicated
unbalance at selected times, as calculated from these data. The unbal-
ance history should reflect the displayed unbalance history within the
telemetry accuracy. Also shown in figure 8.8-2 are the times when a
caution and warning light was activated. Additional discussion of gag-
ing system discrepancies is contained in section 1T.




TABLE 8.8-I.- STEADY-STATE PRESSURES

[A1l values in psia]
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a
Maneuver
Parameter
1 2 3 L 5 & T
Oxidizer tank 174 175 175 175 175 176 175
Oxidizer interface 160 §J159 | 160 | 163 | 161 | 161 | 162
Fuel tank 17k 1173 | 175 | 177 | 174 | 172 | 17k
Fuel interface 171 170 171 175 172 171 172
Engine chamber 95 101 103 106 102 Q9 103

®No data availsble for the eighth maneuver.
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8.9 ENVIRONMENTAL CONTROL SYSTEM

The environmental control system performed satisfactorily through-
out the mission, and system parameters were consistent with Apollo T re-
sults. The following paragraphs discuss those results which are perti-
nent to operation with the lunar module or showed discrepant performance.

8.9.1 Oxygen Distribution Circuits

The high- and low-pressure oxygen distribution systems operated
normally during the mission. The oxygen system was used for the first
time to pressurize the lunar module caebin for the initial manning. To
accomplish the first pressurization, the command module cabin pressure
was increased from the oxygen surge tank supply to 5.7 psia (fig. 8.9-1).
After repressurization of the surge tank to 870 psi, the tunnel hatch
pressurization valve was opened to permit gas flow into the lunar module
until the command module cabin pressure decayed to 3.9 psia. BStored gas
in the cabin repressurization package was then used to further increase
cabin pressure of both vehicles to 4.6 psia. The cabin pressure regulator
stabilized both cabin pressures at a normal operating level of approxi-
mately 4.9 psia.

Subsequent to pressure equalization between the two cabins, the re-
pressurization package valve was opened and the pressures of the surge
tank and the repressurization package equalized at about 550 psig. The
repressurization package was then isclated, and the surge tank was re-
serviced with gas from cryogenic storage supplies.

Surge tank repressurization should have been completed in 30 minutes,
but after a period of 5.5 hours, the pressure had increased by only
160 psi. The crew cycled the surge tank shutoff valve several times, and
the pressure increased at the anticipated rate. Postflight testing has
indicated no mechanical problem, but the decal on the instrument panel
was not in direct alignment with the corresponding wvalve detent, and
apparently the valve was not initially in the full-open position.

During decompressed cabin operations for extravehicular activity,
the suit circuit in the envirommental control system provided pressure
and temperature control for only the Command Module Pilot. The Commander
and the Lunar Module Pilot were is¢lated from this circuit. The unused
suit-supply umbiljcals were turned off, with .full flow directed to the
Command Module Pilot's suit. System parameters during this period are
given in fig. 8.9-2.

3
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Soon after orbital insertion, the cabin fans were turned off to de-
termine their effect on the cabin noise level. Although the noise was
not objectionable when the fans were coperating, they remained off for
most of the mission. During the sixth day, one fan was turned on and
operated for approximately 12 hours. Subsequently, the crew attempted
operation of the redundant fan, but it failed to start. (After the crew
opened the circuit breakers on this fan, they found the fan motor casing
to be very hot to the touch.) A piece of Velcro tape was observed to be
wedged in the fan impellar blade, preventing its rotation. See section
17 for a discussion of this problem. Postflight tests were conducted on
the cabin fan in the stalled condition. The temperatures of the fan
housing and motor stabilized after 50 minutes at 213° and 233° F, respec-
tively.

8.9.2 Thermal Control System

The thermal control system adequately controlled the environmental
temperature for the crew and equipment. The primary glycol evaporator
dried out at 24 hours and was deactivated until just before entry. Both
coolant loops and evaporators were activated prior to entry and performed
properly. The evaporator dryout was not unexpected, since a similar
occurrence had been experienced during Apcllo T and 8. Detailed discus-
sions of this phenomencn are presented in the appropriate mission reports.

At approximately 86 hours, the radiator-system flow-proportioning
valve switched to the redundant system. This switchover is not indica-
tive of equipment failure, because no further difficulties were observed
after the system was reset toc the primary proportioning valve. Two sim-
ilar switchover activations were observed in the Apollo T mission. Those
activations were attributed to momentary electrical power dropouts.

During rendezvous, the inlet temperature of the secondary radiator
increased to 100° F, or about 30° F above the expected range. This in-
crease 1is attributed to long-duration solar heating on the area where
the sensor is located and to the relatively high heat loads on the elec-
trical power system radiator during this time. Other equipment located
in the same area experienced a similar increase in temperature.
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8.10 CREW STATION

This section contains an evaluation of major crew provisions, con-
trols and displays, and spacecraft lighting.

8.10.1 Crew Provisionsg

The inflight coverall garments were worn while the pressure suits
were doffed during the first U days of the flight and for the last 5 days.
Postflight inspection of the coverall garments indicated no excessive
wear or dasmage. The life vests were worn during launch and entry and
were successfully inflated prior to egress after landing. The heel re-
straint and headrest were used during entry. All eight of the constant
vear garments were worn, and the defecation opening of one of the gar-
ments was ripped larger to simplify feces collection. The pressure gar-
ment assemblies were worn for approximately 47 hours of the flight, and
most of that time was spent with the helmet and gloves removed. The
Lunar Module Pilot wore both liquid-cooled garments; the first was worn
on the third and fourth days. The Lunar Module Pilot reported many entrap-
ped air bubbles at the completion of the fourth day. The second garment
was worn on the fifth day and was never connected to the portable life
support system. The helmet protective shield was worn to prevent damage
to the helmet visual area when a crewman was working in the tunnel. Post-
flight inspection revealed that the pressure garment assemblies had sreas
of excessive wear on the coverlayers and hardware.

The urine collection transfer adapter and urine transfer system were
both used for urine transfer when the crew was unsuited. The Commander
reported that the spare transfer assembly roll-on cuffs were too large;
however, these cuffs were the same size as those provided to the Commander
at launch. The Lunar Mcdule Pilot was also provided with cuffs that were
too large.

The communications carriers were worn at launch and for the suited
portions of the mission. The Command Module Pilot's forehead and cheeks
were affected by a skin irritation, which dissppeared when the communica-
tions carrier was not worn.

The bioinstrumentation system was worn continuously, and when the
electrode paste dried out, additicnal paste from the medical kit was
applied. The electrocardiogram from the Command Module Pilot was erratic
during early portions of the mission, but greatly improved when the spare
sternal leads from the medical kit were substituted. Several electrode
attachment tapes from the medical kit were used to reattach loose sensors.

y
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The crew experienced a wash-out of the reticle in the command module
crewman optical alignment sight during command module docking and of the
lunar module crewman optical alignment sight during lunar module docking.
The orientation of the sun with respect to the vehicles caused a glare
from the command module that was brighter than the lunar module optics
reticle pattern. For subsequent spacecraft, the brightness of the crew—
man optical alignment sight reticle will be increased by changing the
filter in the barrel housing to a diffuser lens, and by providing a snap-
on filter assembly which can be placed on the front of the barrel for
viewing faint objects. See section 17.3 for a discussion of this prob-
lem.

At 192:43:00 and again at 194:13:00, the crew were successful in
sighting the Pegasus IT satellite, using the crewman optical alignment
sight. Pointing information was provided by the Mission Control Center
and the range at the time of sighting was approximately 1000 miles.
Pegasus II was in the field of view for less than 1 minute during the
first sighting and for approximately 2 minutes during the second sight-
ing. Pegasus II was launched in May 1965, and has a meteoroid detection
panel span of 96 feet from tip to tip, and a length of 77 feet. The
cross—section while tumbling is estimated to be 2174 square feet with a
mass of 22 605 pounds.

At 222:38:40 over Hawaii, a sighting was made of the lunar module
ascent stage, based on pointing information provided by the Mission Con-
trol Center. Tracking was performed with the crevman optical alignment
sight until 222:45:40 with a minimum slant range of 652 miles. The lunar
module orbit at the time of sighting was 3761 by 127 miles and the orbit
of the command and service modules was 24L by 98 miles.

The crew reported that the oxygen umbilicals were too stiff and that
the umbilical portion which connected to the panel protruded into the
tunnel transfer envelope. For subsequent spacecraft, the oxygen umbil-
icals will be fabricated from a more flexible silicone material sleeved
with Teflon-coated beta cloth to meet flammability requirements. Addi-
tionally, the hoses will be relocated to provide some increase of effec-
tive length.

8.10.2 Displays, Controls, and Lighting

The onboard displays and controls satisfactorily supported the
Apollo 9 mission except for the anomalies associated with the caution
and warning system, internal floodlights, and docking spotlight.

A master alarm without an annunciator indication occurred at initial
hard docking. Data during this time period do not indicate any out-of-
tolerance condition that could have caused the alarm. Two unexplained
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master alarms occurred during the deorbit maneuver and entry. The dis-
cussion of these three alarms is contained in section 1T7.

The lighting check prior to rendezvous showed the exterior spotlight
was inoperative. Photographs of the service module taken during rendez-
vous showed that the light was not deplcyed. The crew later reported
that the circuit breaker was open for spotlight deployment of the spot-
light. The circuit breaker was closed prior to the lighting check. Sec-
tion 17 contains a discussion of this problem.

Two floodlights were reported failed during the flight, and one be-
came extremely hot, emitting a burning odor. A discussion of the flood-
light discrepancy is contained in section 1T.




8-95

8.11 CONSUMABLES

The usage of all liquid consumables, including cryogenics, is sum-
marized in this section. Electrical power consumption is discussed in
section 8.2.

8.11.1 Service Propulsion System Propellants
The total service propulsion system propellant loadings and con-

sumption values were as follows. The loadings were calculated from gag-
ing system readings and measured densities prior to lift-off.

Fuel, 1b Oxidizer, 1b
Loaded
In tanks 13 803.k 22 102.3
In lines 78.6 123.7
13 882.0 22 226.0
Consumed 13 125.4 20 32,2
Remaining at separation 756.6 1 793.8

8.11.2 Reaction Control System Propellants

Service module.~ The propellant utilization and loading data for
the service module reaction control system were as follows. Consump-
tion was calculated from telemetered helium tank pressure histories us-
ing the relationships between pressure, volume, and temperature.

Fuel, 1b Oxidizer, 1b
Loaded
Quad A 109.8 223.1
Quad B 109.3 225.4
Quad C 111.0 226.2
Quad D 110.6 225.2

Lho.T 899.9
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Consumed 270.5 519.5

Remaining at separation 170.2 380.4

Command module.- The propellant loading and utilization for the
command module reaction control system were as follows. Consumption
was calculated from pressure, volume, and temperature relationships.

Fuel, 1b Oxidizer, 1b
Loaded
System 1 Ly.2 78.3
System 2 L2 78.3
88.4 156.6
Consumed
System 1 9.3 7.7
System 2 _0.2 0.3
9.5 18.0

Remaining at main parachute deplcyment

System 1 3k.9 60.6
System 2 Ly .o 78.0
78.9 138.6

8.11.3 Cryogenics

The total cryogenic hydrogen and oxygen quantities loaded at lift-
off and consumed were as follows. Consumption values were based on the
electrical power produced by the fuel cells.

Hydrogen, 1b Oxygen, lb
Loaded
Tenk 1 26.3 305.3
Tank 2 26.5 308.8

52.8 614 .1
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9.0 LUNAR MODULE PERFORMANCE

The specific performance of the major lunar module systems is pre-
sented in this section. Performance of all lunar module systems was
adequate for the Apollo 9 mission. System performance which was signif-
icantly different than planned will be discussed in detail. The pyro-
technic system operated exactly as expected and, therefore, is not in-
cluded. Selected discrepancies mentioned in this section are presented
in more detail in section 17, Anomaly Summary. Performance related to
the extravehicular activity and rendezvous operations is contained in
sections 4 and 5. A compilation of fluid and gasecus quantities is pre-
sented at the end of this section.

9.1 BSTRUCTURAL AND MECHANICAL SYSTEMS

Analyses of lunar module loads during launch and flight were based
on measured acceleration, vibration, and strain data. The structural
loads were less than the design walues for all phases of flight.

9.1.1 Launch Phase

Power spectral density analyses were prepared for 21 measurements
during periods of maximum vibration at lift-off., The power spectral
densities were compared to the predicted envircmnment for each measure-
ment location (fig. 9.1-1). During lift-off, four of the 21 measure-
ments exceeded predictions. Figures 9.1-2 through 9.1-5 compare the
level of flight vibration with the predicted flight environment for these
four measurements: descent propulsion system, guidance and navigation
base, landing radar antenna, and aft equipment rack.

The descent engine vibration exceeded the predicted levels during
lift-off. Figure 9.1-2 shows the Y-axis vibration is greater than pre-
dicted at 21 Hz and 140 Hz. During qualification testing, a peak of
0.3 gZ/Hz occurred at 28 Hz which was the fundemental modal frequency
of the engine as mounted in the test fixture. The 0.05 gz/Hz peak at
21 Hz measured at 1lift-off is comparable to the qualification test data
because 21 Hz is the fundamental modal frequency of the engine when mount-
ed in the lunar module. Therefore, the engine is qualified for the 21 Hz
vibration peak.

The 140 Hz peak is not considered structurally significant because
it is believed to be an acoustically induced local resonance. In addi-
tion, an integration of the Y-axis analysis from 20 to 300 Hz using the
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power spectral density plots yields only 1.83 g rms or a 5.5 g peak.
Applying this as a load factor yields 2200 pounds for the Loo-pound
engine vibration qualification data yields 3520 pounds.

All descent engine components and subassemblies, with the exception
of the fuel and oxidizer flow control valves, and the injector internal
mechanism plumbing and wiring have been tested to levels higher than
those measured on Apollo 9. In summary, the descent stage engine struc-
ture and the majority of engine components and subsssemblies have been
qualified to environments more severe than the Apollo 9 environment.
There has been no demonstration of engine fuel and oxidizer flow control
valves and the injector internal mechanism plumbing and wiring to with-
stand the measured 140 Hz environment with the exception of Apollo 9 and
Apollo 5 flights which is considered sufficient validation for the par-
ticular environment. There is no significant increase expected in the
acoustic level and resultant vibration over that experienced during
Apolio 9.

Sinusodial random vibration qualification tests were conducted on
all aft equipment-rack components to levels higher than those measured
during the Apollo 9 mission.

While the predicted levels were exceeded on the navigation base and
the landing radar antenna, qualification tests in excess of the flight
environment show an adequate factor of safety as shown in figures 9.1-h
and 9.1-5.

Lunar module linear accelerations were as predicted at lift-off, the
maximum dynamic pressure/angle of attack region, and the end of first
stage boost. Table 9.1-T presents a comparison of flight values and de-
sign values for these conditions.

After first stage center and outboard engine cut-off, large accelera-
tion oscillations at 5.2 and 6.0 Hz, respectively, were measured in the
lunar module. Ascent stage linear accelerations during this time period
are shown in figures 9.1-6 and 9.1-7. The accelerations were approxi-
mately twice the magnitude measured on the simulated lunar modules in
previous Apollo/Saturn V missions. Instrumentation locations and magni-
tudes of peak vibration acceleration are shown in figure 9.1-1. The
acceleration vectors shown in his figure are discrete values at approxi-
mately 6.0 Hz. The descent stage oxidizer tank and aft equipment rack
Z-axis measurements were transmitted on telemetry channels which were
time shared with other measurements and were not operative during the
period of significant oscillations at outboard engine cutoff. The Z-axis
vectors shown in figure 9.1-T7 are extrapolated from data obtained during
inboard engine cutoff when simultaneous recordings were cbtained. Y-axis
responses were negligible.

s
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Oxidizer tank dome X-axis response is shown in figure 9.1-8. The
presence of the high-frequency peak superimposed on the low-frequency
oscillation indicates contact between the accelerometer and the fire-in-
the-hole thermal shield or between the tank helium diffuser flange and
the descent stage upper deck probably due to lateral motion. Clearances
between the tank and the upper deck are marginal. Relative motion be-
tween the tank and the upper deck cannct be determined; however, motion
pictures of ground vibration tests show significant relative motion.
Evidence indicates that there mgy be insufficent clearance between the
tank and deck to assure no contact between the tank nelium diffuser flange
and the deck. (See section 17 for further details.)

The 16 outrigger struts were instrumented with strain gages cali-~
brated to indicate load directly in pounds. The maximum strut loads
occurred at the end of first-stage flight just prior to outboard engine
cutoff and were well below the allowable levels. The minimum factor of
safety for the outrigger struts was approximately 1.75.

The lunar module/adapter interface loads, calculated from the mea-
sured strut forces at station 584, were well below the adapter design
Joads. During outboard engine cutoff, a lateral oscillation of approxi-
mately 0.9g peak was measured at the lunar module center of gravity, and
was considerably higher than those measured on previous flights. However,
the ascent and descent stages were oscillating laterally approximately
180 degrees out-of-phase {fig. 9.1-1), resulting in interface loads below
design levels.

9.1.2 Orbital Phase

The lunar module loads during the orbital phase were evaluated for
the three firings of the descent engine and for the ascent engine firing
to depletion. All accelerations and loads were low during these firings.

The range of lunar module vibration measurements was established for
launch phase conditions and was too great for adequate data during descent
engine firing.

The maximum measured load in the descent engine support struts was
3250 pounds compared with a design value of 5800 pounds. The maximum
loads (fig. 9.1-9) were measured at the end of the 100-percent thrust
period during the first firing.

Ascent stage accelerations, measured at the lunar module center
of gravity, when thrust was increased from 40 to 100 percent during the
first descent engine firing, are shown in figure 9.1-10. The accelera-
tion history shown in this figure is typical for all descent engine
firings with no low-frequency acceleration discernible.
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No struetural data were cbtained from the first ascent engine
firing, which was performed out of range of ground station acquisition.
No discernible low-frequency oscillations were measured during the ascent

engine firing to depletion, and the structural loads were within vehicle
allowable limits.

Loads were determined at the command module/lunar module docking
interface (table 8.1-1I). The loads were cbtained during the first
service propulsion firing and during a stroking test performed in con-
Junction with the third service propulsion firing.

Al]l of the mechanical systems functioned as planned except for the
ingress/egress hatch, which is discussed in section 17.

Fr
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TABLE 9.1-I.- LUNAR MODULE RESPONSES DURING LAUNCH

: . End of first-
Lift-off Maximum qo stage boost
Response
Measured } Design | Measured |Design Measured | Design
Limit Limit Limit
Longitudinal acceleration, g . . 1.k 1.6 2.0 2.07 3.9 L.g
Lateral acceleration, g . 0.3 0.65 0.1 0.3 0.08 0.1

The flight conditions at maximum gqo were:

Condition Measured | Design
Mach NO. + &« ¢ o o o o & 1.k42 1.29
Dynamic pressure, psf . . 633 689
Angle of attack, deg . L.13 9.6
Maximum qo, psf-deg . . . . 2614 6614

¥Predicted, not design.
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2.59 0.68 inch
No. | Measurement Location Range, g
no.

1 GG6001 Navigation base +2

GG6002

GG6003
2 GA3661 Tunnel equipment area | 30

GA3662

GA3663
3 GA3001 X-axis center of gravity [ +10

GA3003 Y -axis center of gravity | +2

GA3005 Z-axis center of gravity | +2
4 GA1501 Ascent stage engine $30

GA1502 support strut £30

GA1503 +30
5 GA1571 Ascent stage +10

GAl5T2 oxidizer tank 110 Note: All readings shown

GA1573 +10 are single amplitude.
6 GA3601 Aft equipment rack 20

GA3602

GA3603
7 GQ7301 Descent stage +149

GQ7302 thrust chamber +149

6GQ7303 +149
8 GA268] Descent stage +10

GA2682 oxidizer tank -Z axis £10

GA2683 £10 X
9 GN7559 Landing radar antenna | 10

~J
Forward Z
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Figure 9.1-2.- Maximum vibration response in Y-axis from
descent propulsion system thrust chamber.
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Figure 9.1-4.- Maximum vibration response in X-axis
from navigation base.
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Figure 9.1-5.- Maximum vibration response in X-axis
from landing radar antenna.
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Figure 9.1-8.- Minus-Z oxidizer tank dome acceleration response.
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Figure 9.1-9.- Load on descent engine support struts during
docked descent engine firing, 100 to 40 percent throttling.
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9.2 THERMAL CONTROL

The thermal performance was nominal, and the response was essentially
as predicted; all temperatures remained within acceptable limits. The
insulation system performed satisfactorily, as is evidenced by the small
change (approximately 1° to 2° F decrease) in the structursl and the pro-
pellant bulk temperatures during the nonfiring periods. All tank tempera-
tures remained within their respective fracture-mechanics limits. The
most temperature-responsive elements of the lunar module were the rendez-
vous radar antenna, the landing radar antenna, and the descent stage base
heat shield.

During the rendezvous phase, the temperature response of the ren-
dezvous radar antenna was as predicted until about 96 hours, after which
time the flight data were approximately 10° F lower than predicted (fig.
9.2-1), primarily the result of differences between the actual and pre-
dicted antenna orientation with respect to the sun.

The landing radar antenna temperature response under operating con-
ditions was as predicted. Deviations for non-operating conditions are
attributable to differences between predicted and actual antennsa orienta-
tions with respect to the sun. Further, heater cycling was initiated at
epproximately 64° F as compared with the predicted 58° to 59° F.

The -temperature response of the descent stage base heat shield was
slightly lower than predicted. A comparison of peak temperature, pre-
dicted temperature range, and maximum allowable limits is shown in the
figure 9.2-2.

Although the descent engine firing duration was only 371.5 seconds
as compared with the 655-second firing included in the lunar landing de-
sign conditions, the outer surface temperatures were at approximately
equilibrium temperatures. Consequently, only the inner facesheet surface
temperatures that were affected by soakback would be appreciably higher
for the lunar landing firing, but these are not predicted to exceed al-
lowable limits.

During the docked descent engine firing, the crew reported seeing
small cbjects flying asway from the lunar module. The radiant heat from
the engine will burn away the 5-mil layer of H-film taped to the exter-
ior of the base heat shield. Charred (black} or uncharred {silver or
gold) H-film may be observed drifting from the vicinity of the lunar
module on future missions during initial descent engine firings.

fy
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9.3 ELECTRICAL PCOWER

The de¢ bus voliage was maintained above 28.9 V dc, and the maximum
observed load was 103 amperes,

The descent stage batteries provided power within the normal voltage,
current, and temperature limits, delivering 1056 A-h of energy from a
nominal capacity of 1600 A-h. Battery 4, located farther downstream on
the glycol cooling system than the other descent stage batteries, operated
from 4° to 8° F warmer and, therefore, took more of the electrical load.

The ascent stage batteries supplied 368 A-h of the nominal 620 A-h
through the end of the ascent propulsion firing to depletion. The pre-
dicted usage for this period was 468 A-h. The batteries remained within
normal voltage, current, and temperature limits. The large differences
between the predicted and actual ampere-hour consumption for all batteries,
as shown in figure 9.3-1, represents the inherent conservatism existing
in the computer simulation of the cyclic electrical loads such as heaters.
The Apollc 9 data are being used to update this program for Apollo 10.

The ascent stage battery data obtained 4 hours after the ascent
engine firing to depletion indicated that battery 5 maintained 27 volts,
or higher, until the predicted capacity of 310 A-h had been used. Bat-
tery 6 maintained greater than 30 volts until loss of signal at which
time 346 A-h had been consumed. Specification capacity of the batteries
is 310 A-h.

The ac bus voltage remained within normal operating limits of 115 to
118 V ac for full load and no load, respectively, at a frequency of 400 Hz.

The various backup modes of operation were demonstrated. The modes
were:

a. Ascent battery normal and alternate operation
b. Parallel ascent/descent battery operation

¢. Inverter switching.
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9.4 COMMUNICATIONS

The communications system operated within nominal limits. Telemetry
data were provided by the S-band system in real time and by the VHF system
for playback through the data storage equipment (tape recorder) in the
command module.

At approximately 89 hours, the Lunar Module Pilot's push-to-talk
switches (on the attitude controller assembly and on the spacecraft umbil-
ical) failed to key the selected transmitters for the desired voice com-
munication. At that time, the Lunar Module Pilot changed to voice-operated
transmission (VOX). This anomaly is discussed in detail in section 17.
Concurrent with this ancmaly, the Lunar Module Pilot reported that the
data storage electronic assembly (tape recorder) would not operate in the
VOX mode. Analysis of the tape indicates that the Commander's audio
center was configured for intercommunications ("hot microphone"), and the
tape recorder was running continuously, as it should have been. Review
of the voice recorded indicates that no anomaly existed.

The VHF voice communication was very good in both the A and B links;
the A system provided the primary spacecraft-to-ground voice link, The
primary S-band link was used throughout the mission except during the two
gsecondary S-band checks. The secondary S-band check at Carnarvon was
excellent.

Most of the planned communication system tests, including the test
of the S-band steerable antenna, were eliminated from the flight plan be-
cause of lack of time.

Although the communication system adequately supported the mission,
the quality of voice reception both in the spacecraft and at the ground
stations was degraded by noise from cabin fans, glycol pumps, and suit
compressors. When the crew had helmets off, the cabin noise was of suf-
ficient amplitude to interfere with the normal communications and reduced
transmitted and received voice intelligibility. See section 17 for fur-
ther discussion.

During the extravehicular activity, the space suit communications
system was used to transmit voice and portable life support system data.
The voice and real-time telemetry data were good.
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9.5 INSTRUMENTATION

9.5.1 Operational Instrumentation

The operational instrumentation system monitored 125 analog measure-
ments and 111 bilevel events. The performance was satisfactory except as
discussed in the following paragraphs.

a. The water quantity measuring device in ascent water tank 1 indi-
cated a water usage rate approximastely 35 percent greater than in tank 2.
Data analysis indicates that the measuring device in tank 1 experienced
a calibration shift prior to launch. Further discussion of this problem
is contained in section 9.10.

b. The cebin display of supercritical helium pressure was intermit-
tent ; however, an independent telemetry measurement of this pressure was
nominal at all times. Other measurements using the same display indicated
that the meter was cperating properly. The most likely cause of this dis-
crepancy was a break in a 26-gage wire between the transducer and the
meter,

c. At about 90 hours, the crew reported an abort guidance system
warning light which was confirmed by telemetry. The caution and warning
electronics assembly normally provides this warning if the critical oper-
ating parameters of the abort sensor assembly or abort electronics assem-
bly are out of limits. Subsequent initialization and calibration of the
abort guidance system approximately 2 hours later indicated satisfactory
performance. An instrumentation anomaly is indicated because the limits
of the critical operating parameters are sufficiently broad that perform-
ance degradation would have been detected had these limits been exceeded.
For further details see section 1T.

d. During the third firing of the descent propulsion system, a pro-
pellant low-level warning occurred (see section 9.8).

e. Operation of the measurement for the Lunar Module Pilot's suit
disconnect valve in the enviromnmental control system was intermittent
during the second and third manning, (see section 17 for a detailed dis-
cussion of this problem.)

f. The reaction control system thrust chamber pressure switch on
the B4 up-firing engine exhibited intermittent operation and is discussed
in section 9.7.

g. A number of temperature measurements, including the descent fuel
and oxidizer tank temperatures, the ascent fuel and oxidizer temperatures,
and the glycol temperature, indicated shifts of 2° to 5° F. The shifts

nF
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occurred when the developmental flight instrumentation system was turned
on and off and at other times while this instrumentation system was oper-
ating. These fluctuations posed no operational problems during the mis-
sion. On subsequent flights, development flight instrumentation is not
planned.

9.5.2 Development Flight Instrumentation

The development flight instrumentation, composed of one PCM/FM and
four FM/FM VHF telemetry systems, ard two C-band radar systems, operated
satisfactorily except for the measurement discrepancies discussed in the
following paragraphs. The FM/FM system was energized for 3 minutes dur-
ing the launch phase and for ten other periods during the mission, oper-
ating for a total of 10 hours.

The plus Y-axis booster strut strain measurement and the ascent ox-
idizer injector inlet measurement were both waived prior to flight but
operated properly during the flight. The navigation base yaw-axis vibra-
tion measurement was intermittent during launch because of faulty vehicle
wiring and failed to respond during orbital flight. The wiring at this
measurement location was damaged during prelaunch checkout.

The ascent-oxidizer-tank Z-axis vibration measurement failed immed-
iately prior to the ascent engine firing to depletion because of an open
signal wire. The wiring to this measurement had been intermittent during
altitude chamber testing, but subsequent trouble-shooting could not re-
produce the malfunction.

The ascent engine fuel injector inlet pressure transducer failed
pricr to the ascent engine firing to depletion. The first recorded data
of the measurement output were above 100 percent. This is indicative of
a failure in the sensor strain element. The fact that the transducer
was incperative at initial data acquisition is indicative that one of the
following conditions existed:

a. The transducer became inoperative between lift-off and staging

b. The transducer was rendered inoperative by excessive pressure
during the first ascent engine firing.

This failure mode can be induced by overpressurization of the trans-
ducer. The pressure transducer has a nominal limit of 500 psia. However,
satisfactory data were available prior to lift-off; therefore, it may be
assumed that the transducer operated properly until engine ignition. The
most probable cause of transducer failure can be attributed to pressuriza-
tion transient during the first ascent engine firing. This is supported
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by data from static firings which have produced transducer inlet pressures
as high as 800 psia during a normal start. However, 800 psia is not
indicative of the actual inlet manifold pressure during the start trans-
ient. A positive resolution to this problem cannot be determined because
no ground station data are available from the firing. This transducer
failure will not recur as the development flight instrumentation will not
be installed on future spacecraft.

Five measurements operated improperly for short periods ranging
from 3 to 20 minutes due to intermittent relay operations. The measure-
ments are:

a. Descent engine cavity temperature

b. Minus Y axis descent engine strut 4 strain

¢, Descent helium primary and secondary upstream inlet pressure
d. Descent engine oxidizer interface pressure.

The overall evaluation of the total 248 measurements indicates an
average return of 98.7-percent of the data over the l0-hour period of
system operation.

9.6 GUIDANCE AND CONTROL

Performance of the guidance and control systems was satisfactory
throughout the mission. The interfaces between the primary guidance
system and the abort guidance system and between the primary system and
the radar systems were thoroughly exercised. The inertial measurement
unit in the primary system was successfully aligned optically, and the
abort guidance system was aligned several times based on angles trans-
ferred from the primary guidance system. The digital autopilot was used
for control of the docked descent engine firing with satisfactory results.
The digital autopilot and the abort guidance system were each used to
control undocked descent engine firings. Capability for attitude control
with the vehicles both docked and undocked was adequately demonstrated.
The ability of the digital autopilot to control the ascent engine was
demonstrated during the firing to depletion. The inertial components in
the primary and the abort guidance systems exhibited excellent stability.

Detailed evaluations beyond the scope of those contained in this
document will be published in supplemental reports, listed in appendix E.

e
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9.6,1 Mission Related Performance

Power-up/initialization.- The lunar module guidance and control sys-
tems were powered-up for the first time on the third day, prior to the
docked descent engine firing. The initial primary system power-up se-
quence required manual loading of a number of lunar module guidance com-
puter eraseable memory locations. The process was nominal except for an
inadvertent error which required that the accelerometer bias compensations
be reloaded. Procedural errors also caused difficulty in abort guidance
system state vector and time initialization. Current state vectors are
intercepted from the primary guidance system computer telemetry downlink
by the abort guidance system upon execution of the proper primary system
instructions. Computer downlink data are present only when the telemetry
system is operating in the high-bit-rate mode. The first abort system
updates were attempted with the telemetry system in the low-bit-rate
mode and, therefore, failed. All initializations attempted in the high-
bit-rate mode were successful.

The first attempts at abort guidance system time initialization were
unsuccessful because the K factor, which establishes the bias between
ground elapsed time and abort system absolute time, was not entered into
the primary system computer. After insertion of the K factor, all time
initializations were successful, with a maximum timing bias of 0.35 sec-
ond.

The abort guidance system caution and warning light came on and re-
mained on during the second power-up period. The cause was an instru-
mentation fault is discussed in section 17.

Attitude reference system alignments.- The primary and abort guid-
ance systems were aligned several times with no difficulty. The initial
primary system alignments while docked were performed based on a set of
gimbal angles taken from the command and service module platform and cor-
rected for structural offsets between the vehicles (X-axis only) measured
both inflight and preflight. After undocking, the primary system was
aligned optically three times with excellent results as shown by the star/
angle difference checks contained in table 9.6-I. One of the optical
alignments was performed in the docked configuration after the rendezvous.
The results were comparable to the undocked alignments, although the crew
indicated that the docked alignment was more difficult to perform.

The abort guidance system inertial reference was aligned many times
by deriving direction cosines from gimbal angles obtained from the pri-
mary system platform. In all cases except one, the abort system was
aligned within 0.02 deg/axis of the primary system, This is well within
the specification value of 0.067 degree. 1In the excepted case, the abort
system was offset 1 degree about the roll axis. The cause was a coarse
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alignment being performed instead of a fine alignment. Subsequently,
a fine alignment was made to the lunar module guidance computer with
expected results.

Translation maneuvers.- The significant guidance and control param-
eters for each translation meneuver are summarized in table 9.6-II. Table
9.6-III contains velocity comparisons between the available onboard sources.
Performance was always close to that predicted from preflight simulations.

i

Spacecraft dynamics during each maneuver for which data are avail-
able are shown in figures 9.6-1 through 9.6-3. The phasing maneuver is
not included because of exceedingly noisy data. Figures 9.6-4 through
9.6~-8 contain velocity-to-be-gained or velocity-sensed time histories.
They were calculated by the primary and abort guidance systems for each
available maneuver. Only the magnitude of the velocity-to-be-gained is
shown for the abort system because this is the only wvalue calculated that
is contained in the telemetry downlink. Figure 9.6-4 also contains the
command and service module gulidance velocity-to-be-gained caleculations.

ar

The docked descent engine firing was performed by controlling the
thrust vector of the gimbaled.engine with the gimbal drive actuators. The
X-axis reaction control engines were inhibited to avoid plume impingement
on the command module. The start transients were small, as shown in fig-
ure 9.6-1 and table 9.6-II, and the gimbal actuators responded as expected
to throttle changes. Figure 9.6-9 shows the vehicle acceleration response
to throttle position and the corresponding changes in time-to-go to cutoff.
Fluctuations in Y- and Z-axis velocities to be gained (fig. 9.6-4) cor-
relate with the small vehicle attitude changes during the early part of
the maneuver. Figure 9.6-10 contains the command module rate data during
the docked descent engine firing. The oscillations shown were caused by
fuel slosh, and the magnitudes and freguencies were as predicted in pre-
flight simulations. Similar responses were not visible in the lunar module
data because of scaling. The maneuver demonstrated the feasibility of us-
ing the descent engine as a backup for the service propulsion engine when
in a docked configuration.

L

The phasing maneuver was performed under the control of the control
electronics section in the abort guidance system. Using the external
velocity guidance mode, performance was nominal and backup control of
the descent engine was adequately demonstrated.

The digital autopilot control of the descent engine insertion maneu-
ver was also nominal, with smell residuals and attitude excursions.

The only other rendezvous maneuver for which coverage was availsasble
was the coelliptic sequence initiation maneuver, shown in figure 9.6-7T.
This maneuver was performed after staging, using the four plus-X reaction
control engines controlled by the digitsl autopilot. Response was normal,
with an X-axis residual of 0.1l ft/sec. dh
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The large velocity-to-be-gained remaining at the end of the ascent
engine firing to depletion (fig. 9.6-8) is a result of the propellant
depletion cutoff. The loss of acceleration was sensed by the velocity
monitor routine in the computer. The routine activates when the velocity
change accumulated in each of two consecutive 2-second periods is less
than 10.1 ft/sec. The computer reacted properly, by recycling back to
the 5-seconds-before-ignition point in the program sequence, and turned
on the plus X translation after propellant depletion.

Attitude control.- The attitude control capability of the digital
autopilot was exercised thoroughly in both the staged and unstaged con-
figurations. Both the manual and automatic modes provided the necessary
capability when used. Digital autopilot phase-plane plots are shown in
figures 8.6-11 and 8.6-12 for attitude-hold periods in the unstaged and
staged configurations, respectively. The attitude-contrecl capability of
the control electronics section in the abort guidance system was also
exercised. Data are available for only a short period in the unstaged
configuration, but performance was as expected.

9.6.2 Primary Guidance, Navigation, and Control

Inertial measurement unit.- The preflight test history of the inertial
components is summarized statistically in table 9.6-IV. All terms were
stable except for the X-axis gyro drift, due to acceleration along the
input axis. This term exhibited a 50 mERU shift in the last series of
tests before prelaunch closeout. Because of uncertainties involved in
measurements when in the launch configuration and because the term was
insignificant for operational considerations, no change in the compen-
sated value was made to account for the shift.

Figure 9.6-13 contains the accelerometer bias measurements made in-
flight. All values were stable as shown.

Table 9.6-I contains the gyro drift measurements calculated from
successive alignments. Again, excellent stability was demonstrated.

Platform voltage and accelerometer temperature measurements remained
stable throughout the missicn.

Alignment optical telescope.- The capability of the alignment optical
telescope was thoroughly demonstrated. Ground tests had indicated that
the telescope, with the conical sunshade asttached, would provide visibil-
ity of plus-L magnitude stars at sun angles as low as 65 degrees from the
center of the field of view. The gbility of the crew to distinguish the
constellation Canus Major tends to confirm the ground test results. In
one case, an alignment was performed at sunset using Sirius (minus-1.6
magnitude) and another star. At the time, Sirius was approximately 122
degrees from the sun.
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Lunar module guidence computer.- The operation of the guidance com-
puter was nominal. State vector updates were accomplished without ineci-
dent using the update program (P27.) The programs used were:

POO TLunar module guidance computer idiing
PO6 Primary guidance and navigation control system power down
P27 Lunar module guidance update

P30 External delta V targeting

P32 Concentric sequence initiation targeting
P33 Constant differential height targeting
P3hk Terminal phase initiation targeting

P35 Terminal phase finalize targeting

PO Descent engine firing program

P4l Reaction control firing program

P42 Ascent engine firing program

P4T Thrust monitor program

9.6.3 Abort Guidance System

Abort sensor assembly.- The preflight and inflight performance of
the abort sensor assembly was nominal. A statistical summary of pre-
installation calibration data, taken over a time periocd of 7 months, is
shown in table 9.6-V. The compensation velues selected for all terms
except accelercmeter scale factor correspond to the last pre-installation
calibration results (within the quantization of the sbort electronics as-
sembly). The accelerometer scale factor data, which has a characteristic
negative slope with time, were extrapolated to flight time using an expon-
ential curve fit.

The results of the three inflight calibrations, as displayed to the
crew, are shown in table 9.6~VI, and based on preflight calibration data,
performance was as expected. The calibration data displayed to the crew
are quantized to the nearest 380 ug in earth scale flight programs (96 ug
in lunar scale flight program). However, a more precise bias calculation
can be made by observing the accumulation of accelercmeter velocity pulses
in free fall. Two such calculations are shown in table 9.6-VI. These
measurements indicate the stability experienced.

Inflight attitude reference drift values were estimated by comparing
attitudes from the abort guidance system and from the primary guidance
system during coasting flight. Estimates made in this manner are shown
in the following table:

LY

vy
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Relative drift, deg/hr
Channel
From 100:43:55 From 101:12:08
To 101:46:h1 To 101:L2:08
X -0.21 -0.15
Y -0.11 -0.16
Z 0.13 0.1k4

The abort sensor assembly performance during powered flight was
within preflight predictions. A comparison of sbort sensor assembly
sensed velocities with primary guidance and navigstion system sensed
velocities during five maneuvers is shown in table 9.6-III. The differ-
ences in velocity values measured by the primary guidance and navigation
system and the abort guidance system result from several error sources.
These include misalignments (discussed in 9.6.1) as well as accelerometer,
gyro, and timing biases; however, the differences were within the expected
values.

Abort electronics assembly.- The abort electronies assembly flight
program 3, the inflight calibration routines, and all input/output inter-
faces performed properly throughout the mission. Initialization, align-
ment, and calibration of the system were successfully completed. Gulidance
calculations, ineluding the use of rendezvous radar updates, were suc-
cessfully demonstrated.

Occasional premature changes of a prefiring display parameter caused
a minor annoyance to the crew. The abort guidance system was targeted
with external velocity components prior to each meneuver. The system is
mechanized to maintain these velocity components fixed in relation to
local vertical coordinate axes until initial thrust is sensed, then to
"freeze" the components inertially and guide with respect to the "frozen"
velocity wvectoer. Initial thrust is sensed by the plus X accelercmetor
normally when plus X translation is commanded. Sensing of initial thrust
is mechanized, under program control, by changing the contents of computer
address 40T from 00000 to 10000. This address is identified as logic
switch S07 and, prior to each firing, was displayed on the data entry and
display assembly.

The SOT switch is set by the ullage counter, which, in the earth
orbit scaling of flight program 3, was incremeted by one velocity bit
change. The switch was occasionally set before thrust initiation of this
mission because of an uncompensated plus X accelerometer bias and quanti-
zation noise in the thrust acceleration computation. The characteristic
was known before flight and the recommended monitoring and reset proce-
dures were followed by the crew. The problem is not expected to occur
with lunar scaled programs.




9-30

Data entry and display assembly.- Data entry and display assembly
cperation was normal except for frequent operator error light activations.
More than one depression of the CLEAR pushbutton was often required
before the light would remain extinguished. This problem is believed
to be the result of a faulty pushbutton and is discussed in mpre detail
in section 17.

9.6.4 Control Electronics Section

The control electronics section was used to provide engine gimbal
drive capability during the descent engine firings, to control the phas-
ing maneuver, and also for a limited amount of attitude control. Per-
formance during the maneuvers was satisfactory.

Null offsets of the flight director attitude indicator rate needles
were reported by the crew. The offsets correlated with preflight test
data and were within specification tolerances. The bias observed prior
to the flight was 0.3 deg/sec. The specification tolerance is 1.0 deg/
sec.

The crew also reported difficulty in establishing and 'maintaining a
desired rate when using the rate-command capability. No data are avail-
able covering activities in this mode; however, the reported symptoms
appear to be associated with the 20 deg/sec rotational hand controller
scaling. A rate of 20 deg/sec is commanded when the hand controller is
deflected 10 degrees. This scaling was chosen to provide proper handling
characteristies near the lunar surface, not for precision control in
earth orbit. The hardware responded as designed. Thus, the proportional
rate-command mode would appear to be too sensitive for use in earth orbit.

v !




TABLE §.6-I.- PLATFORM ALIGNMENT SUMMARY
Gyro torquing angle, Star an .

gle Gyro drift, mERU
Timg, Program Star used deg difference,
hr:min| option¥* de X y 7

X Y Z g

91:05| Align to command module gimbal angles |=0.370 |-0.790 |-0.310
93:20 3 15 Sirius; 25 Acrux +0,098 |-0.076 |+0.111 0.00 -3.8 |-3.0 | +k.3
95:02 3 +0.089 |-0.055 [+0.037 0.0k -3.5 |-2.2 [ +1.h
99:46 3 +0.252 |+0.008 [+0.234| 0.00 -3.5 0.0 | +3.3

*Option 3 - REFSMMAT.
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TABLE 9.6-1I.~ GUIDANCE AND CONTROL MANEUVER SUMMARY

Msneuver and control mode®

First descent Coelliptic sequence First midcourse Ascent engine
Phasing Insertion
engine firing initiation correction riring to
Conditicn {docked) {descent engine) (aescent engine) (reaction control) (reaction control) depletion
DAP-TVC AGS-AUTO DAP-TVC DAP-RCS DAP-RCS DAP-TVC
Time
Ignition, hrimin:sec Lo:L1:3h, L6 93:47:35,h 95:39:08.06 96:16:06,54 98:25:19.66 101:53:15.4
Cutoff, hr:min:sec L9 47:k5,97 93:47:5L, 95:39:30.43 96:16:38.25 98:25:23,57 101:59:17.7
Duration, sec 371.51 19.0 22.37 31.71 3.91 362.3
Velocity, ft/secb
X planned/actual +970.19/4967.75 66.09/66.38 -31.03/-31.64 -33.63/-32.75 - /42,5 +5252,55/+3813.39
Y planned/actual -52.30/-52.06 50.62/51.51 -24,86/-25.52 -2,83/-4,08 - [0.0 -L4789,26/-3477.38
Z planned/actual -1448,36/-1kkk 64 36.05/37.02 -16.63/-16,77 -21.k7/-20,75 - /0.0 -2154,52/-1576.52
Velocity residuals, ft/sec®
X +1,2 40,1 0,0 +0,1 N/A +2030.7
Y +0,1 -0.1 -0,1 0.0 N/A +0.5
Z +0.1 -0.3 0,2 0.0 N/A +25.1
Engine gimbal position, deg
Initial
Pitch +0,32 +1.38 -1.15% N/A N/A N/A
Roll -1.26 -1.71 -1.18 K/A N/A N/A
Maximum excursion
Pitch +0,62 -0.76 +0,48 N/A N/A N/A
Roll -0.38 +0, 4k =0.30 N/A N/A N/A
Steady-state
Pitch 0.00 +1.19 -1.15 N/A N/A N/A
Roll =1.50 -1.23 ~1.18 N/A N/a K/a
Cutott
Pitch +0.11 +1.15 -1.23 N/A N/A N/A
Roll -1.0k4 -1,18 -0.80 N/A N/A N/A
Rate excursion, deglgecd
Pitch +0,4 +0.6 +1.2 +0.8 -0.8 ~7.6
Roll +0,b +0.4 -1.8 +0.8 -0.8 -3.1
Yaw +0.2 0.4 Negligible Negligible -0,2 20,6
Attitude error, degd
Pitch +1.0 0.2 Negligible Negligible Negligible +1.9
Roll +1.0 0.2 -1.6 Negligible Negligible 0,5
Yaw -0.8 0.2 Negligible Negligible Negligible +1.0

SpAP-TVC: digitel autopilot thrust vector control; AGS-AUTO:

b

Cafter trim
dMaximum

Earth Centered Inertial Coordinate System

abort guidance system automatic; RCS:

reaction control,

2¢-6



TABLE 9.6-III.- VELOCITY COMPARISONS

9-33

Sensed velocity change, ft/sec

Maneuver Axis Command module | Lunar module | Abort guidance

computer computer system

First descent pro- X -1738.5 +1736.6 +1739.2
pulsion firing + +

(docked) Y +27.5 10.6 37.8

Z +37.h +54.5 -11.2

Phasing N/A +90.0 +90.0

+1.2 +2.0

+0.9 +1.5

Insertion X N/A +44.0 +43.0

0.0 -0.8

7 -0.8 +0.8

Coelliptic sequence N/A +39.0 +39.0

initiation +0.1 0.0

Z +1.5 +0.2

Second midcourse N/A +2.6 +2.5

correction 0.0 0.0

Z 0.0 0.0

Ascent propulsion X N/A +5390.7 +5387.5

firing to deple-
tion +37.7 +9.2
Z +126.1 +176.8

NOTE:

l. No data coverage for constant delta height maneuver,

terminal phase initiation, and first midcourse correction.

2. All velocities are in spacecraft coordinates.
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TABLE 9.6-IV.- INERTIAL COMPONENT PREFLIGHT HISTORY - LUNAR MODULE

Error Sample Standard No. of Countdown | Flight
mean deviation sarples value load
Accelerometers
X - Scale factor errcr, ppm . . . . . -932,166 bk . L13 6 -976 -968
Bias, cm/sec® . . . . . . . . . . 0.299 | 0.0629 6 +0.32 +0.31
Y - Scale factor error, ppm . . . . . -917.333 41.582 6 -965 -9ki
Bias, cm/sec2 e e e e e e e 0.188 0.043 6 +0.21 +0.,10
Z - Scale factor error, ppm .. . . . -848.166 39.8ks 6 -878 -852
Bias, em/sec® . . . . . . . . -0.0k0 0.031 6 -0.03 0.00
Gyroscopes
X - Null bias drift, mERU . . . . . . 3.7k 0.700 L 3.0 +4.6
Acceleration drift, spin reference
axis, mERU/g . . . « « + « .« . -2.775 0.655 I -3.1 -0.5
Acceleration drift, input
axis, mERU/g . . . . . . . .. -23.950 29.536 6 -53.4 +5.h
Acceleration drift, output
axis, mERU/g . . . . . . . . . . 3.h250 0.2389 h +3.1 N/A
Y - Null bias drift, mERU . . . . . . 4.692 0.246 L +h.6 +5.0
Acceleration drift, spin reference
axis, mERU/g . . . . . . . . . 16.025 0.427 N +15.9 +16.3
Acceleration drift, input
exis, mERU/g . . . . . . . . . 2.399 2.307 5 +1.0 =0.3
Acceleration drift, output
axis, mERU/g . . . . . . . . . 1.k25 0.2801 L +1.8 N/A
Z - Null bias drift, mERU . . . . . . 6.882 0.786 b +7.2 +4.5
Acceleration drift, spin reference
axis, mERU/g . . . . . . . . . -k4.150 0.75h b -5.0 =-1.7
Acceleration drift, input
axis, mERU/g . . . . . . . ., 21.175 3.735 4 +21.3 +19.6
Acceleration drift, output
axis, mERU/g . . . . . . . . 1.2825 0,3269 b +0.8 N/A
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TABLE 9.6-V.- SUMMARY OF ABORT GUIDANCE SECTION PREINSTALLATION CALIBRATION DATA

Sample Standard Sanmle Final Flight
Accelercmeter bias mean, deviation, amp calibration compensation
size »
HE Hg value, ug value®, ug
X 89 37 15 124 95
30 15 15 45 0
169 28 15 185 190
Time Standard Sample Final Flight
Accelerometer scale factor | constant, devigtion, aup calibration | compensation
size
days ppm value, ppm | value** ppm
X 77.6 26 10 -393 =1007T
93.5 25 10 -185 -206
b4 19.2 20 10 -1756 -17T70
Sample Standard Sample Final Flight
Gyro scale factor mean , deviation, ::Ee calibration load wvalue,
Ppm ppm value, ppm bpm
-2313 17 15 -2316 -2316
Y -2hh1 17 15 -2440 -24ko
2006 19 15 2006 2005
Final
Sample Standard . . Flight
Gyro fixed drift mean deviation,| SmPle | calibration | ) 370 e,
deg/hr deg/hr size value, deg/hr
deg/hr
-0.28 0.031 15 -0.27 -0.269
-0.47 0.01h 15 -0.47 -0.471
-0.05 0.141 15 -0.06 -0.056
Final
e s Sample Standard - : Flight
Gyro spin axis mass mean , deviation, Sa?ple calibration losd value,
unbalance deg/hr/g deg/hr/g size value, deg/hr/
deg/hr/g g g
X 0.82 0.119 15 0.96 0.960

¥*Equivalent calibration values guantized to 95 ug.
¥*Extrapolated from final calibration to lift-off.
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TABLE 9.6-VI.- INFLIGHT CALIBRATION MEASUREMENTS

. Accelerometer bias,
Inflight Gyro bias, deg/hr g
calibration
X Y Z X Y Z
-0.21 | -0.36 | +0.20 +380
-0.07 | -0.28 0.00 +380
3 -0.19 | -0.13 | +0.01 - - +380

*Quantization for data entry and display assembly

for Flight Program 3 is equivalent to 380 ng.

maximum shift was 1 quantum or *380 ug.

The expected

TABLE 9.6-VII.- COMPENSATED ACCELEROMETER BIAS

Accelerometer bias, ug

calibration¥*#*

Time
X Y Z
After first inflight 22 =4 -h)
calibration*
After third inflight 29 -L8 -48

*Resolution of 22 pg because of time span

and velocity quantization.
*¥Resolution of 9.7 ug because of time span

and velocity quantization.
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9.7 REACTION CONTROL SYSTEM

The performance of the reaction control system was nominal. The
helium pressurization sections and the propellant feed sections operated
properly. Accurate engine performance data were available for only the
down-firing engines and only during the coelliptic sequence initiation
maneuver and the ullage firing prior to the ascent engine firing to de-
pletion. The calculated performance values are shown in table 9.7-I.

The thrust chamber pressure switches, with the exception of the one
monitoring the quad 4 up-firing thruster, operated normally throughout
the mission. The pressure switch for this engine failed closed during
the first firing at about L8 hours and remained closed until about
98.5 hours when it began operating intermittently. Propellant consump-
tion and vehicle rates indicate that the engine operation was nominal,
thereby ruling out the peossibility of a failed-on engine. The switch
failure had no effect on the mission and the only potential problem was
that the caution and warning system would have been unable to detect a
failed-off condition for this engine.

Data indicate that the reaction control manifold pressure fluctua-
tions were lower in magnitude and frequency (softer) during interconnect
mode than during normal mode. In addition, system "B" manifold pressures
(fig. 9.7-1) were softer during the ascent engine firing to depletion,
than during the time period immediately preceding that event. During
ascent engine firing to depletion, system A was in the normal mode. The
cause of the softer operation could be explained by helium bubbles being
flashed from the propellant solution because of manifold pressure drop
during the ascent engine firing, by helium ingestion from the ascent pro-
pulsion system or by a higher saturation level of ascent propulsion pro-
pellants relative to reaction control propellants. Regardless of cause,
the condition was not detrimental to reaction control system operation.
Additional data concerning the performance of the lunar module reaction
control system will be provided in a supplemental report.

9.7.1 Thermal Control
The thermal performance of the reaction control system was satis-
factory, although the caution and warning system upper temperature limit

of 190° F was exceeded on four occasions:

a. On quads 1 and 3 during the first descent engine firing at ap-
proximately 49 3/b4 hours

b. On quad b4 after the coelliptic sequence initiation maneuver at
approximately 96 1/2 hours
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¢c. On all quads, Jjust prior to or just after docking, at about
99 hours

d. On quads 1, 2, and 3, after the ascent engine firing to deple-
tion at approximately 102 hours.

The caution and warning system upper temperature limit was selected
so that a failed-on heater condition could be identified and was not
intended to indicate high engine firing activity, which was the situation
in each of the four cases. No problems resulted from the high tempera-
tures. An example of a quad and engine component temperature profile
during a period of high engine activity is shown in figure 9.7-2.

When the engine heaters were active, the quad temperatures ranged
from 139° F (the lower caution and warning limit was 117° F) to above
209° F during periods of high engine activity. The maximum temperature
was beyond the calibrated instrumentation range. When the engine heaters
were not active, (for example, during the extravehicular activity period)
quad temperatures ranged from 63° to 101° F, well above the freezing
point of the propellants (18° to 21° F for the fuel and 12° F for the
oxidizer). The quad temperatures during the mission are shown in fig-

ures 9.7-3 and 9.7-4. The reaction control fuel tank temperatures ranged
from 66° to TO° F.

9.7.2 Propellant Utilization

The actual and predicted reaction control propellant consumption
profiles are compared in figure 9.7-5. The actual consumption was
determined from the onbeard propellant quantity measuring devices and a
postflight ground-calculated pressure-volume-temperature analysis. Re-
sults of the analysis and the data from the measuring devices were in
close agreement. Following periods of high thruster activity, the meas-
uring devices showed a combined overshoot of about 6 pounds. Based on
the pressure-volume-temperature analysis, the propellant consumption
(fig. 9.7-5) through final docking, was approximately 280 pounds, or 30
percent less than the predicted 400 pounds. A more detailed discussion
of propellant consumption during rendezvous is contained irr section 5.2.
Individual system propellant consumption profiles are shown in fig. 9.7-6.
The maximum unbalance between the system A and B usage during rendezvous
and docking was about 30 pounds and occurred after the third descent engine
firing (insertion maneuver), with system B having the greater usage. After
docking, the usage from system A and B had been 142 and 145 pounds, re-
spectively. System A was used in the normal mode instead of the preplan-
ned interconnect mode during the ascent engine firing to depletion, and
the resulting propellant usage from system A was about 80 pounds.
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Reaction control system propellant consumption was also calculated
from thruster solenoid bilevel measurements for periods that data were
aveilable. The firing time from each solenoid was multiplied by the nom-
inal flowrates (0.24 1lb/sec of oxidizer and 0.12 lb/sec of fuel) to ob-
tain total consumption for the period. The results compared favorably
with those determined from the pressure-volume-temperature method.

9.7.3 System Pressurization

The reaction control system pressurization sequence was nominal.
The regulators maintained acceptable outlet pressures, which wvaried be-
tween 178 to 184 psia.

Before reaction control system pressurization, a procedure was per-
formed to verify that the secondary interconnect valves between the as-
cent propulsion system and reaction control system were closed. One of
two system A panel monitors indicated an open for approximately 20 sec-
onds instead of a normal momentary open indication. Bilevel flight data
for this period indicate that the valve position indicator switches oper-
ated properly; therefore, one of the system A panel monitors was sticking.
The sticky monitor persisted on subsequent secondary system A interconnect
valve commands, but this had no effect on the mission.




TABLE 9.7-I.- EFFECTIVE THRUST OF REACTION CONTRCL ENGINES

Event Engines Duration, | Effective thrust,
sec 1b
+X translation prior to first 1, 3 down 9.6 79 to 96>
descent engine firing
+X translation prior to third 1, 3 down 8.5 66 to 98°
descent engine firing
Lunar module staging 1, 2, 3, & down 30.6 100.2 to 102.6
+X translation prior to final 1, 3 down 341 103.9 to 105.2b

ascent engine firing (firing
to depletion)

)

a"U'ncerta.inty caused by data resolution associated with short firing and low
bit rate data. Normal effective thrust for unstaged vehicle is 92 pounds, reduced

from nominal 100 pounds because of plume impingement on descent stage.

bSlight increase in thrust, with firing in interconnect mode, resulted from

slightly higher manifold pressure (186 psia as compared with 180 psia nominal).

£6-6
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Figure 9.7-1.- Manifold pressures for normal-mode operation and during ascent propulsion
firing to depletion.
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9.8 DESCENT PROPULSION

The descent propulsion system operated as expected, except for the
following:

a. The helium regulator outlet pressure and the engine interface
pressures exhibited an unexpected decay during the initial portion of the
first descent engine firing.

b. An average pressure decay of 2.9 psi/hr in the supercritical
heliun tank was indicated between the first and second firings; during
coast periods, the pressure should rise due to heat leak into the tank.

¢. The crew experienced a rough engine condition while throttling
from the 10- to the 37-percent setting during the second firing.

9.8.1 Inflight Performance

Evaluation of the steady-state performance of the descent engine at
the fixed throttle position was based on a 245-second segment of the data
obtained after the helium regulator outlet pressure had stabilized at
24l psia for the first firing. A comparison of the inflight predicted,
measured, and calculated values are shown in table 9.8-I. The calculated
values were obtained from the simulation that best matched the accelera-
tion data from the lunar module guidance computer. Due to the possibility
of a significant uncertainty in the spacecraft weight prior to the first
descent engine firing, the reported values contain a degree of uncertainty.
The differences between predicted and the measured and calculated per-
formence values appears to be primarily due to the measured regulator
outlet pressure of 243 psia, which was 4 psia lower than expected. Low
measured interface pressures tend to substantiate the reduced regulator-
outlet pressure. The predictions were based on pre-installation test
regulator data. The measured chamber pressure (fig. 9.8-1) was compared
with the engine acceptance test and the calculated values. The results
indicate that the flight transducer may have incurred a zero shift due
to thermal effeects. This effect has been seen in ground tests, but to &
lesser degree. The flight performance adjusted to the standard inlet
conditions for full throttle position, yields a thrust of 9746 pounds,

a specific impulse of 302.8 seconds, and a propellant mixture ratio of
1.59. These results compare favorably with the ground test data of
9736 pounds of thrust, 303.0 seconds of specific impulse, and a mixture
ratio of 1.596.

Engine roughness was reported by the crew when the engine was throt-
tled from the 10 to the 37 percent setting during the second descent en-
gine system firing. The onset of roughness occurred as the throttle set-
ting reached approximately 27 percent, at which time the setiing was held
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constant until the roughness ceased. This roughness is typical of that
experienced with helium ingestion into the combustion chamber. The
roughness lasted approximately 2.5 seconds, {see figure 9.8-2) and the
remaining portion of the second firing and all of the third firing ap-
peared nominal. Bee section 17 for further discussion.

9.8.2 System Pressurization

During the period from lift-off to first descent engine ignition,
the oxidizer and fuel interface pressures decayed from approximately 1hk
to 107 psia and from 162 to 145 psia, respectively. This phemonenon,
which was also observed during the Apollco 5 countdown and flight and dur-
ing ground tests, has been attributed to helium absorption in the propel-
lants.

Just prior to the first descent engine firing, the ambient start
bottle was activated, increasing the pressures to 234 and 235 psia in the
oxidizer and fuel tanks, respectively.

During the first lunar module manning, the helium system pressure
was about 743 psia. During the first 33 seconds after engine ignition,
the helium bottle pressure decreased to approximately 71l psia (see fig-
ure 9.8-3). At the same time, a decrease from 235 to 188 psia in the
regulator-outlet manifold pressure was observed. If the system had oper-
ated correctly, sufficient helium would have passed through the regulator
to maintain a constant regulator-outlet manifold pressure of about 247
psia and the heat transfer through the internal heat exchanger should
have increased the pressure in the supercritical helium bottle. The data
indicate that the internal heat exchanger wa